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INTRODUCTION

This document is Part I of a compilation of papers presented at an
NASA-TIndustry Apollo Technical Conference held at the Interdepartmental
Auditorium, Washington, D.C., July 18, 19, and 20, 1961. These papers
were presented by staff members from NASA Centers and personnel of
the NASA Apollo Study Contractors. These contractors were General
Dynamics/Astronautics, General Electric (Missile Systems Vehicle

Division), and The Martin Company.
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APOLLO SPACECRAFT DESIGN

By Robert O. Piland, Caldwell C. Johnson, Jr.,
and Owen E. Maynard

NASA Space Task Group
INTRODUCTION

The Apollo studies conducted in the past year have consisted of
both research and design nature. The results of four spacecraft design
studies are discussed in this paper. Consideration is given to systems
general arrangements, the various modules which make up the spacecraft,
and spacecraft weights.

TECHNICAL GUIDELINES

Before considering the spacecraft designs it would be well to
review the guidelines on which the studies were based. It is pertinent
to note that all of the studies which are discussed in the subsequent
papers were conducted within the general framework of these guidelines.

The first several guidelines deal with the missions and space
vehicle:

1. Capable of manned lunar reconnaissance with lunar mission module

2. Capable of corollary earth orbital missions with lunar mission
module and with space laboratory

3. Compatible with Saturn launch vehicle (weight not to exceed
15,000 1b for complete lunar spacecraft)

L. Capable of 1h-day flight time

The first guideline states that the spacecraft shall be capable of
manned lunar reconnaissance with a lunar mission module. At the time
the guidelines were formulated the lunar landing mission was not a firm
Apollo mission as it is now. A subsequent paper by Maxime A. Faget will
deal with lunar landing considerations. The second guideline states
that the spacecraft shall be capable of corollary earth orbital missions
with the lunar mission module and with a space laboratory. The space-
craft shall be compatible with the Saturn launch vehicle and its weight
shall not exceed 15,000 pounds for the entire spacecraft. The
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15,000 pounds refers to the escape-velocity payload of the Saturn C-2.
A basic result of the study is that the spacecraft cannot be built within
this limitation and a launch vehicle of greater capability than that of
the C-2 will be required for circumlunar and lunar orbital missions.
Such a launch vehicle, the C-3, is now underway. The last of this series
of guidelines states that the spacecraft be capable of 1lk-day flight.
The next series of guidelines consider return, reentry, and landing:
1. Capable of safe recovery from aborts

2. Capable of ground and water landing (also capable of avoiding
locel hazards)

3. Designed for T2-hour postlanding survival period

4, Capable of small-area landing

5. Auxiliary propulsion required for maneuver in space
The spacecraft shall be capable of safe recovery from aborts. The
spacecraft shall be capable of elther ground or water landings and also
be capable of avoiding local hazards. The spacecraft shall be designed
for a 72-hour postlanding survival period. The spacecraft shall be
capable of a preselected small-area landing on return from normal mis-
sions. Auxiliary onboard propulsion is required for maneuver in space.

The next guidelines deal with the crew and their environment:

1. Designed for "shirt-sleeve" environment

2. Designed for three-man crew

3. Provisions for radiation protection

The spacecraft shall be designed for a "shirt-sleeve" environment and for
a three-man crew, and there shall be provision for radiation protection.

The last two guidelines which deal with command and communications
are

1. Primary command of mission to be onboard
2. Communications and tracking required
Primary command of the mission shall be onboard. Communications with

and tracking of the spacecraft are required except possibly when the
spacecraft is blanketed by the moon.
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The systems designs discussed are based on the guidelines as stated.
They will require additional scrutiny in the light of the now firm lunar
landing mission and new launch-vehicle capability.

SYSTEMS DESIGNS

General Arrangement

The general arrangements of the systems are based, with varying
modifications, on a modular concept. The object of this concept is
twofold: to allow Jettisoning of expended or no longer necessary stores
or subsystems prior to reentry, so that the penalty of protecting these
parts during reentry and landing will not be incurred; to meet special
mission requirements by modifying only single modules, thereby keeping
certain modules constant throughout the project. At the beginning of
the study it was envisaged that three basic modules might be used, which
for a lunar mission would consist of the following: a command module
to house the crew during launch and reentry and to provide mission con-
trol; a propulsion module for abort, for course corrections, and for
entry and exit from lunar orbit; and a mission module containing life
support and possibly equipment for lunar reconnaissance.

The general arrangements of systems resulting from four separate
design studies are presented in figures 1 and 2. Each system incorpo-
rates the modular concept; however, the arrangements vary widely. All
four systems are shown mounted on the Saturn S-IV stage, which is the
second stage of the C-1 or the third stage of both the C-2 and the C-3.
The S-IV stage is 220 inches in diameter.

Design I (fig. 1) employs a blunt symmetrical command madule with
a habitable mission module mounted forward of the command module with
a connecting tunnel. Several crew positions are illustrated. A propul-
sion module consisting of four H202 engines providing 6,000 pounds of

thrust each and their associated tankage and systems is proposed. The
complete system is encased in a fairing. The launch abort system con-
sists of eight solid rockets mounted on the fairing as indicated. The
total length of the spacecraft is 425.5 inches. The total weight of

the spacecraft with the Hy0p propulsion system giving a velocity capabil-

ity of 6,600 fps is 16,900 pounds.

Design II (fig. 1) features a tower-type launch abort system
employing a single solid rocket. The command module which is a blunt
symmetrical shape is rearward of this solid rocket. Several crew posi-
tions are illustrated. A propulsion module employing two 15,000-pound-
thrust engines and using storable propellants is shown. A service

: ar.‘



module containing stores and systems jettisonable prior to reentry is
incorporated with the propulsion module and is used in lieu of a habit-
able mission module. Note that this is the only design with only a
single habitable module. The length of the system is approximately
500 inches. The total weight of this system with the storable propul-
sion system which also provides a velocity capability of 6,600 fps is
25,100 pounds.

Design III (fig. 2) also features a tower-type launch abort system.
A command module employing a M-1 type of configuration, a habitable mis-
sion module connected by a hatch, a 15,000-pound-thrust HyOp engine, and

associated systems complete the spacecraft. The overall length of the
system is 615 inches. The total weight of this system with the HyOp
propulsion system and a velocity capability of 6,600 fps is 21,170 pounds.

Design IV (fig. 2) employs a tower-type escape system and a command
module using the M-1 configuration mounted blunt-end forward and immersed
in the habitable mission module. The propulsion module incorporates two
15, 000-pound-thrust HyOp engines and tanks as shown. Note that although

the command modules are mounted differently in designs III and IV, the
crew is in an optimum position for launch accelerations in both cases.
The overall length of the system is 622.5 inches and the total weight
with the HyOp system and a velocity capability of 6,600 fps is

18,200 pounds.

There are several major differences in the designs described.
These differences include the use of pusher-type launch abort systems
as opposed to the tower-type system, the use of one habitable module as
opposed to two, different reentry configurations, and the use of storable
or cryogenic propulsion systems.

Launch Abort System

The launch abort system provides abort capability for emergency
separation from the launch vehicle while on the pad or during atmospheric
flight. In order to separate the spacecraft rapidly from the launch
vehicle in the presence of high drag, relatively high thrust is required.
This requirement for high thrust must be tempered by allowable crew
tolerance to acceleration when the drag is low. The launch abort system
of design I (fig. 1) provides a statically stable abort configuration,

a relatively clean overall configuration, and the ability to jettison
the eight rockets singly or in pairs as the density decreases and less
thrust is required for abort. ILess desirable features of this approach
include the necessity of aborting the mission module and fairing as well
as the command module. This leads to a relatively complex sequencing

L
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and separation operation to get the command module clear of the rest of
the system and in a position for landing system deployment.

The tower system employed by the other three designs (figs. 1 and 2)
allows abort of only the command module and a subsequent relatively
simple sequence for separation of the tower. The tower designs, however,
pay the penalty of having a "dirty" aerodynamic configuration with the
resulting possibilities of unsteady flow and considerable noise
genersation.

Manned Mission Module Considerations

One consideration affecting the choice of single or dual habitable
modules is weight, & basic reason for modularity. The ability to jetti-
son the mission module prior to reentry affords a weight saving for the
dual module arrangement. A comparison of the dual and single modules
is 1llustrated in figure 3. The dual arrangement conslsts of a mission
module and a command module. The weight of the dual arrangement is to
be compared with that of the larger single command module on the right
taken from design II. The characteristics of the two approaches are sum-
marized in the chart. The volume of the mission module is 215 cubic
feet and that of the smaller command module is 215 cubic feet, giving
a total of 430 cubic feet. This is the same volume as that of the single
module; therefore, this comparison is based on equal volumes. The struc-
tural and heat-protection weight for the two arrangements 1s shown on
the lower line. The two modules weigh 3,572 pounds as compared to
4,122 pounds for the single module arrangement. The unit weights assumed
are based primarily on loading and heating requirements. As expected,
the dual arrangement is lighter with a calculated weight saving of
500 pounds.

For a given volume the space utilization characteristics of the
single module will be greater in the case of the single module than in
the dual arrangement. Space is lost in the additional corners of the
dual arrangement. Consequently, less volume would be required for the
single module than for the dual modules, resulting in a reduction of
the estimated 500-pound weight penalty calculated in the "equal-volume"
comparison. The length-to-diameter ratio of the dual modules is inher-
ently greater than that of the single module and will result in s less-
compact arrangement and greater moments on the launch vehicle.

The mechanical features of the dual module arrangement are more
complex than those of the single module because of the requirement for
connecting hatches. The location of the crew in a single module mskes
it easler to adapt to an emergency situation. A minimum of movement to
reach duty stations with no requirements for the closing of hatches
offers a significant safety feature.

- ——
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Both approaches offer a high degree of flexibility. The mission
module can be enlarged as required for particular missions. A mission
module can be added to the single module if space is required for a
particular mission. The smaller module is inherently limited, however,
to being able to return a maximum crew of three to earth and has a mini-
mum of allowable space for unforeseen requirements within the command
module. The larger command module could, if required, return to earth
a crew of six. Equipped with a mission module, the capabllity of the
large command module is further enhanced. In summary, therefore, it may
be stated that for the lunar mission the dual manned module arrangement
appears to offer a weight advantage of up to 500 pounds. The single
module, however, appears to have many design and operational features
which make it the more desirable approach. More important, the use of
the large reentry module offers the more flexible approach, especially
in view of the contingencies that may arise in the course of a project
of this scope and time scale. A parallel development of a space-
laboratory module which could be used with the large single module for
earth orbital missions would appear reasonable,

Internal-Space Requirements

The previous illustrative comparison of the single and dual module
arrangements points up the question of the absolute volume requirements
for the system. A summary of the volumes of the command and mission
modules for the four designs is presented in the following table:

Volume, cu ft
Spacecraft
de

| ot | e | e

I 165 126 291

I 430 430

11T 350 380 730

v 340 1, 300 1,640

The first design appears to be of a minimum volume. Designs III
and IV appear more than adequate in total volumes. Figure 4 presents
the internal arrangement for design II which incorporates all living
quarters in the single module. This blunt symmetric shape has a total
volume of 430 cubic feet and a diameter of 160 inches. For launch,
reentry, and other periods of stress of the mission, the crew members

A
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are seated three abreast as indicated in the top and side views. The
middle seat is retractable and allows access to other duty stations
during less stressful periods of the mission. Sleeping and sanitation
quarters are located behind the control positions. A work station is
located on the opposite side of the module. Privacy is provided by

the simple expedient of lightweight walls or curtains. An air lock is
provided for exit into space, to other vehicles, or to the moon surface.
The internal space is the equivalent of a room 10 feet in diameter and

6 feet in height. It may be concluded therefore that a volume of approx-
imetely 400 cubic feet is adequate to conduct the operational and normal
living functions for the mission.

Reentry Configurations

A large number of configurations received consideration during the
design study. A small number of these are shown in two views in fig-
ure 5. The first and second configurations on the top row consisting
of lenticular and winged shapes offer the capability of a horizontal
landing in a relatively conventional manner on a prepared surface. It
was found that these configurations generally weighed several thousand
pounds more than the compacts, and that the high hypersonic lift-drag
capability of the winged configuration was not required for range pur-
poses. More important, however, is the inability of these configura-
tions to cope with any but prepared landing surfaces. The nature of the
project makes 1t imperative that the selected configuration and landing
system be suitable for landing over a relatively broad range of land-
scapes and water conditions. These configurations cannot fulfill this
very necessary requirement without extensive weight and complexity
penalties. The third configuration was a slender, symmetric shape which
offered very high-heat-protection weights and was a poor shape for space
utilization. The fourth configuration offered only advantages in par-
ticular areas. The four configurations in the lower part of the figure
were given more detailed attention and are incorporated into the systems
arrangements previously shown in figures 1 and 2. The two on the left
represent variations on the blunt symmetrical body, and the two on the
right have features similar to the M-1 configuration. More detailed
characteristics of the configurations are shown in figures 6 and 7.

The configuration of the command module of design I (fig. 6) is
113.2 inches in diameter and is used with a manned mission module. The
crew sits three abreast and the accelerations during both launch and
reentry are in the eyeballs-in or desirable direction for tolerance to
accelerations which might be encountered under emergency conditions.
Control in the atmosphere is obtained by use of a flap and roll jets.
The weight of this configuration whose volume is 165 cubic feet is
estimated to be 5,118 pounds.

C
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The configuration of the command module of design II (fig. 6) is
similar except that it is considerably longer, has a diameter of
160 inches, and assumes that the crew will remain in this command module
throughout the mission. The acceleration directions are similar. No
flaps are shown on this configuration. The control technique assumes
an offset center of gravity which causes the module to trim at some
fixed angle of attack corresponding to a required maximum 1lift-drag
ratio. The command module may be rolled through the use of roll jets
allowing control of the direction of the 1ift vector. Modulated roll
rates effectively reduce the lift-drag ratio. The weight and volume
resulting from this study are 8,500 pounds and 430 cubic feet.

The configuration of the command module of design IIT (fig. 7) is
& variation of the M-1 shape, with a length and span of 150 inches.
During launch the accelerations are from the rear, or eyeballs-in posi-
tion. During reentry the direction of acceleration varies as 1ndicated
by the two arrows as the module is pitched between the angle of attack
corresponding to the maximum 1ift coefficient and that corresponding to
the maximum lift-drag ratio. This is the range of angles of attack over
which this reentry configuration is intended to operate. It should be
mentioned that whereas the accelerations are from & less favorable direc-
tion, the magnitude of the accelerations for the particular technique
used is within allowable tolerances. This design employs two flaps for
lateral control and a single large flap for pitch control with a total
flap area of 28 square feet. Its weight is estimated as 6,954 pounds
for a volume of 350 cubic feet. This spacecraft design configuration
assumes a habitable mission module, although a moderate increase in

volume would provide the capability to conduct the mission without the
mission module.

The configuration of the command module of design IV (fig. 7) is
closer in detail to the basic M-1 configuration, being modified only by
rounding the base. The length and span of this configuration are
136 and 150 inches, respectively. The crew's positions are in the oppo-
site direction of those of design III. This position allows the accel-
erations to be taken in the eyeballs-in direction during reentry in a
menner similar to the blunt shapes. The launch accelerations are also
taken in this manner by mounting the module blunt-end first, immersed
in the habitable mission module. Four flaps are employed for lateral
and pitch control as shown. The total flap area is 28 square feet.

The estimated weight of this configuration is 5,637 pounds for a volume
of 340 cubic feet. The lighter weight of design IV results to some
extent from a larger number of systems located in the mission module.

The design studies therefore have resulted in a preference for the
relatively compact configurations as opposed to the configurations
having high 1ift-drag ratios. Within the range of compact configura-
tions, two particular types seem to be preferred: the blunt, symmetrical

Sy
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shape and the asymmetric M-1 type of configuration. General geometric
considerations for configuration selection include the relative
usefulness of a given volume for a particular shape. The blunt shapes
probably have some small advantage in this regard. The symmetrical
configuration also offers advantages for carrying structural loads, for
ease of fabrication, and in the aerodynamic loads imposed on the launch
vehicle during boost.

The directions of the acceleration vectors imposed on the crew were
described previously for the several designs. The blunt shape lends
itself towards placing the crew in a position where they have the great-
est tolerances to acceleration for both launch and reentry. The asym-
metric configuration through particular mounting arrangements such as
shown in design IV can also achieve this feature.

The aerodynamics of configurations are discussed in a subsequent
paper by Emanuel Boxer, Robert W. Rainey, and David E. Fetterman, Jr.
The configurations discussed in detail herein have lift-drag ratios of
less than 1. Guidance and control accuracies from incomplete studies
indicate that lift-drag ratios of the order of 0.5 are sufficient to
meet guideline requirements. Higher lift-drag ratios naturally could
provide more flexibility. The control techniques range from the use of
no control surfaces to the use of a full set of four controls. The use
of offset center of gravity combined with roll jets proposed for the
blunt configuration is an attempt to do away with the need for aero-
dynamic flaps and their resulting heating and mechanical problems.
Further study will be required to completely confirm the ability to
achieve this goal. The M-1 configuration could also possibly employ
such a scheme.

The effects of heating on the configuration are also discussed in
more detail in a subsequent paper by Alvin Selff, Glen Goodwin, and
Bradford H. Wick. The weight of heat-protection systems to take care
of the convective heating will be less for the symmetrical blunt body.
The effects of nonequilibrium radiation are not fully defined, but pres-
ent estimates indicate that the protection required. for this type of
heating is not a significant part of the total.

In conclusion, the symmetrical blunt shape would appear to offer
simpler design features and would lend 1tself to crew protection from
high accelerations, although particular design arrangements might mini-
mize this consideration for normal missions. The basic aerodynamic
characteristics of lift-drag ratio and controllability appear similar
for the configurations. Convective-heating considerations would favor
the blunt body; however, the less well understood phenomena of non-
equilibrium radiation could have effects on the heat-protection systems

of undefined magnitude.
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Onboard-Propulsion Consideration

The propulsion module provides the impulse to be used in space for
a particular mission such as lunar orbit, or it may be used for abort
or emergency return. The particular mission requirement can cause the
weight of the onboard-propulsion module to vary greatly and consequently
greatly affect the total weight of the spacecraft. These effects are
summarized in table I. Assume that the weight of the spacecraft less
the weight of the propulsion module is 11,000 pounds. The estimated
spread in weights from the studies is from 8,500 to 11,000 pounds. This
is the weight of the command module Jjust described plus the weight of
the mission or service module. The missions under consideration are
shown on the left and include earth orbit and circumlunar and lunar
orbit. The functions of the onboard propulsion are as follows: (l)
retrograde and maneuvers for the earth orbit mission, (2) course cor-
rections and abort for the circumlunar mission, and (3) course cor-
rections and entry and exit from lunar orbit for the lunar orbital mis-
sion. With reference to the initial guideline, which gave a weight
1limit of 15,000 pounds, it can be seen that the C-2 lsunch vehicle could
place the spacecraft to escape velocities only if the abort capability
were limited. The lunar-orbit spacecraft weights, assuming a 6,600 fps
requirement, are 21,170 and 25,100 pounds, respectively. Therefore, it
1s concluded that the C-2 does not have the capability for general lunar
missions. It is to be noted also that the spacecraft weights for the
different Apollo missions can vary as much as 100 percent for the variety
of missions considered due to the*different propulsion requirements.

SYSTEMS WEIGHTS

These spacecraft weights, as discussed previously, were based on
a basic command and mission module weight of 11,000 pounds. This weight
represents the maximum of the weights estimated in the studies which
varied from 8,500 to 11,000 pounds. Table II gives the spread in weights
by the various systems and spacecraft.

The difference in maximum and minimum structure and heat-protection
welights results primarily from size considerations. Factors of 100 per-
cent for various systems are not uncommon reflecting such considera-
tions as overall size of system, redundancy, and particular design.

The propulsion variation for the system reflects the difference between
the use of HpO, propulsion systems as opposed to a storable system

and the fact that the minimum propulsion system is accelerating

8,500 pounds as opposed to 11,000 pounds for the maximum system. 1In
conclusion, the lightest weight system estimate having lunar orbit
capability and employing H,0, may weigh in the order of 16,900 pounds,

L .
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whereas more conservative and larger systems employing storable pro-
pellants would weigh up to 25,100 pounds.

CONCLUSIONS

1. The modular approach is desirable, although for the lunar mission
a single manned module is preferable, accepting a modest weight penalty.

2. Compact configurations such as the blunt symmetrical shape with
lift-drag ratios less than 1 and their lower welght and less sensitivity
to emergency conditions appear desirable.

3. The C-2 launch vehicle is capable of injecting the spacecraft
to escape velocities for only the circumlunar mission and then only if
the abort requirements are relaxed.

4. The total Apollo spacecraft weight may vary from 13,000 to
25,000 pounds for its various intended missions.
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TABLE I.~ PROPULSION-MODULE CHARACTERISTICS

[Spacecraft less propulsion module = 11,000 lb]

Spacecraft
Mission AV, fpS total Weight, 1b
H,0, Storables
Earth orbit:
Retrograde and maneuvers 1, 300 12,845 13,200
Circumlunar:
Course corrections 600 12,050 12,258
Abort, immediate return 5,600 19,600 22,640
Lunar orbit:
Course corrections and
enter-exit orbit 6,600 21,170 25,100
TABLE I1.- SPACECRAFT-WEIGHT ESTIMATES
Weight, 1b
Minimum Maximum
Structure, heat protection, and adapter . 4,000 5, 500
Landing-recovery system . 450 800
Attitude-control system . 350 660
Guidence and navigation . 270 830
Communication system . 170 430
Electrical-power supply . 620 1,430
Environmental control . 700 1,700
Crew systems 980 1,400
Instrumentation . . . . 220 650
Propulsion (6,600 fps) 8, 400 14,100
Spacecraft . .. 16,900 25,100
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SUMMARY OF THE AERODYNAMIC CHARACTERISTICS OF A VARIETY
OF LOW-LIFT-DRAG-RATIO REENTRY VEHICLES

By Emanuel Boxer, Robert W. Rainey,
and David E. Fetterman, Jr.

Langley Research Center
INTRODUCTION

NASA studies of planetary entry (refs. 1 and 2) have indicated that
the full benefits derived from utilizing 1lift - namely, increased entry
corridor width, the considerable reduction of decelerating forces, and
the ability to maneuver to a preselected touchdown site - can be
obtained only at the expense of increased weight..

For the Apollo mission where the all-up weight is a major con-
straint, it-appears as though a design maximum lift-drag ratio on the
order of 1/2 is an acceptable compromise between the desire for minimum
structural weight and vehicle maneuverability. The Lunar Mission
Reentry Vehicle therefore will be a blunt compact wingless capsule. It
must be stable and controllable through an angle-of-attack range that
includes zero 1lift to that for a maximum lift-drag ratio on the order
of 1/2. Although some aerodynamic studies have been made upon blunt
bodies at hypersonic speeds in the past, they were limited to a few
specific configurations so that the results were not applicable to a
variety of body types (refs. 3 to 8). Furthermore, little experimental
data were available dealing with the effects of control deflection upon
the stability and maneuverability of such bodies. (See ref. 9.) 1In
order to supply this information the NASA Ames and Langley Research
Centers initiated extensive test programs on a wide variety of blunt
body shapes capable of producing trimmed lift-drag ratios on the order
of 1/2 through the use of simple flap-type controls. 1In this paper
the pertinent hypersonic results obtalned from these investigations are
summarized and problem areas are indicated.

SYMBOLS

Cp drag coefficient

CL 1lift coefficient
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Cm pitching-moment coefficient
Cp pressure coefficient
d maximum body diameter
L/D lift-drag ratio
M, free-stream Mach number
q dynamic pressure
r edge radius
Rg Reynolds number based upon body diameter
Q angle of attack
Ba roll-control deflection
Be pitch-control deflection
Oy yaw-control deflection
o, incremental rolling-moment coefficient
Ja' o incremental pitching-moment coefficient
A incremental yawing-moment coefficient
&y incremental normal-force coefficient
W welght
A area
Subscripts:
TRIM trimmed condition
MaX maximum
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CONFIGURATIONS

Most of the configurations shown in figures 1 and 2 were subjected
to a weight and balance analysis to determine a realistic center-of-
gravity location sbout which aerodynamic moments were referenced. The
first three configurations shown are, or are derived from, forward-
facing blunt cones and are designed to operate in the low angle-of-
attack range. The conical shape was selected partially because of the
inherent stability of such bodies. The M-1 which is a blunt flat-top
half-cone configuration has been reported in NASA publications (e.g.,
ref. 4), It exhibited satisfactory lateral and directional character-
istics and, with a slight modification to the nose shape, satisfactory
longitudinal stability at higher angles of attack. The flat-face cone
is an unsymmetrical truncated-cone body which utilizes a blunt flat
nose to provide a pitching-moment input to trim at near maximum 1ift-
drag ratio. An interesting method of trim altitude control suggested
is to vary the nose angle during flight. The calculated effectiveness
of this method over a range of shape variables is included in refer-
ence 10. The blunt cone designated L-8 was selected for investigation
for reasons of stability since calculations indicated that the center
of pressure is invariant with Mach number. In addition, the launch-
vehicle—spacecraft aerodynamic and mating problems are minimized.

The next two configurations, the I-1 and L-4%, are designed for
moderate angle-of-attack attitudes during reentry and utilize flat sur-
faces to generate 1ift. The L-1 shape was derived from an extensive
study of conical lifting bodles reported in reference 6. It is a flat-
bottom half-cone with a canted flat nose to provide bluntness and g
pitching-moment input that requires smaell flap deflection to trim at
maximum lift-drag ratio. Because the conical portion is essentially
shielded from the flow at higher angles of attack, triangular flat
sides were incorporated to provide directional stability. The L-4 was
designed to investigate the aerodynamic characteristics of a square-
cross-section body which should provide more efficient utilization of
the enclosed volume.

The remaining shapes are highly blunt bodies designed for entry
at high angles of attack with reference to a line parallel to the heat-
shield face. The L-2C has a spherical face of large radius, rounded
shoulders, and a shielded symmetrical truncated-cone afterbody. The
L-3A shape has a modified delta planform with rounded edges and s
shielded afterbody. It was included in the program because previous
investigations on delta wings indicated that such a shape has the min-
imum overall convective heating rate during a high-angle-of-attack
lifting reentry. The L-7 1s a lenticular design with elliptical cross
section which deploys horizontal- and vertical-tail surfaces at super-
sonic speeds to enable it to make g horizontal landing. During the

wiENg
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high-heating portion of the reentry an offset center-of-gravity posi-
tion is used to trim at a fixed high angle of attack.

Except for the M-1 and the flat-face cone, detail drawings of all
configurations and extensive experimental data obtained at Mach numbers
up to 10 are included in reference 11.

The I-%A and I-4 exhibited serious static stability and control
problems which could be overcome by redesign should there be any, as
yet unproven, advantage in utilizing such shapes. The flat-face cone
suffers from a lack of experimental data upon which to assess its merits.
The L-7 has associated with it a serious weight penalty to provide for
the horizontal landing capability. Therefore only the results of test
on the M-1, I-1, L-8, and L-2C are discussed because they include at
least one model of each type which can meet the aerodynamic requirements
of the Apollo mission.

TRIMMED CHARACTERISTICS

It has been found that the four vehicles can be trimmed from
L/D =0 to (L/D)ypx between 0.5 and 0.62 as shown in figure 3. All

curves are based upon experimental data except those for M-1 which are

from Newtonian calculations. These data are representative of results

obtained from tests in the Mach number range from 3 to 10. Included in
this figure are the values of the trimmed angles of attack at approxi-

mately Cp =0 and maximum L/D for all vehicles. It is seen that

for all vehicles except L-8 the required angle-of-attack range 1is
between 35° and 45° which is a stringent requirement insofar as longi-
tudinal stability at all trim conditions is concerned. However, by
small adjustments in the centers of gravity all of these vehicles have
been made statically stable throughout their trim o range with their
location in close proximity to that determined from a weight-and-balance
study.

Two of these vehicles utilize the high drag portion of the polar
and therefore have lower values of W/CDA (of the order of 45 at

L/D < 0.4); consequently, for a given L/D, the convective heat loads
for these vehicles would be expected to be comparatively lower. How-
ever, the variations in aerodynamic resultant-force coefficient for
the high-drag-type vehicles are small and these two vehicles would
have a small penalty in g-alleviation.

The variation of trimmed 1ift coefficient as a fraction of the
maximum 1ift coefficient is shown in figure L4 as a function of the lift-
drag ratio. At high angles of attack all configuratlons tested to the
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point where the maximum trimmed 1ift coefficient was obtained, in addi-
tion to those shown in figure 4, correlated very well with respect to
flat-plate impact theory up to about L/D on the order of 0.4 Thus
the simple flat-plate theory may be used to prescribe the 1lift, drag,
and L/D variation for any compact body at high angles of attack in
trajectory studies. From 0.4 to maximum lift-drag ratio, the blunt-
cone predictions appear to follow the data in the region where nose
drag effects influence the 1lift-drag ratio and specific shape begins
to affect the correlation.

BASIC CONFIGURATION PREDICTIONS

The ability to predict the longitudinal characteristics of these
configurations is shown in figures 5 and 6. Since body-alone data were
not available for the M-1 configuration, the data shown include inputs
from trailing-edge flaps at zero deflection. The experimental data are
representative of the speed range between Mach numbers of 6 and 10.

For the axisymmetric configurations (L-8 and L-2C) and the M-1
configuration, simple theory, for the most part, gives very good predic-
tions of the static force and moment characteristics. The lift-drag
ratio for L-8, however, is overpredicted. This is due primarily to
the neglect of skin friction and base drag on this relatively low-drag
shape.

The characteristics of the I-1 configuration are affected to a
very large extent by both the strong bow shock produced by the inclined
flat-nose section and the windward surface discontinuities (nose break
and leading edges). As a result the various surface components exper-
ience pressure variations which are not accounted for in the theory
and the force characteristics are not predicted very well as seen from
the overprediction of both Cy, and L/D and the. angle of attack for

(L/D)MAX' In view of these induced pressure variations, the apparent

good agreement in pitching moment, especially at the lower angles of
attack, is somewhat fortuitous.

Since Newtonian theory does not account for pressure relief near
the edges, the theory considerably overpredicted the drag for both
L-1 and L-2C at the extreme angles of attack; however, because of the
low 1lift in this angle-of-attack range good predictioms of both Cr,

and L/D are obtained.

Similar results apply to the predictability of the lateral and
directional stability derivatives for these configurations; namely,

—
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that good predictions (within 10 to ;5‘peqqent).can be obtained for
bodies which do not employ windward flat sides.

Effect of Edge-Radius Variation

The L-2C edge radius was specified somewhat arbitarily without a
detalled heat-transfer or structural analysis. The edge radius could
be changed subject to the type of heat-protection material used on the
edge and provided that the aerodynamic characteristics would be accept-
able. The results of a brief study of edge-radius variation on this
configuration at M = 6.7 are presented in figure 7. The edge radius
was varied from O for a sharp edge to a value 1/2 the body diameter
which is, of course, a hemisphere. The center-of-gravity location was
held constant at 20 percent of the body diameter aft of the face and
offset 2 percent of the body diameter to provide trim at o < 90°. As
can be seen, good agreement between predicted and experimental values
of (p, and L/D was obtained. The effect of edge-radius variation

upon pitching moment was adequately predicted; however, because of the
low slope and the small values of Cp the computed values of trim o

are in poor agreement with the measured values. From these results

the conclusion may be made that a fairly wide range of edge radius (up
to 15 percent of the face diameter) may be utilized and still maintain
the desired L/D of 1/2 (or higher) with static longitudinal stability.
Similar results and conclusions have been obtained on bodies where the
afterbody was tangent to the edge.

Cross Coupling

With these short blunt body shapes the choice of location of con-
trols 1s, in some cases, somewhat limited. The age-old problem exists
of placing the controls so that they will have sufficient effective-
ness to do the Jjob, preferably without cross-coupling inputs. Two
methods of alleviation of cross coupling on the reentry vehicles are
presented in figure 8. For the L-1 vehicle type when the unswept ele-
vons were differentially deflected for roll control, the difference in
axial force of each elevon resulted in a severe adverse yaw due to roll
control. This existed throughout the range of o and is shown here
for a = 40° only. It was calculated that this adverse yaw could be
essentially removed with 1little reduction in roll control by sweeping
the elevon hinge lines so that the planes of the elevon resultant forces
act through the vehicle center of gravity. This method of alleviation
of roll-control-on-yaw cross coupling has been substantiated by exper-
imental results. The effect of roll-control deflection on pitching

moment is negligible.
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For the M-1, as anticipated, there was considerable pitch due to
yaw control when the combined pitch-yaw control was located in the lower
quadrant of the body. Shown here is a typical example at o = 0°., For
the M-1, estimates indicated that the relocation of the flap to the side
of the body increased the available yaw control and reduced the pitch
cross coupling because the plane of the flap force is essentially in the
horizontal body plane. Again the theoretical estimates of the cross
coupling and the corrective action have been substantiated by experi-
ment, Of course, an additional flap for pitch control must be added on
the bottom of the M-1l. For either of the flap schemes on the M-1, there
was no yaw-control-on-roll cross coupling.

CONTROL EFFECTIVENESS

The controls investigated are basically simple flaps and fall into
three categories with simllar performance in each group. There are
those following a flat-body surface such as on the L-1, upper surface
of M-1, and the L-4; those following a conical surface such as on the
L-8 and lower surface of the M-1; and shoulder or edge flaps as on the
I-2 and I-3. As can be seen in figures 9 and 10, where comparisons
are available, there is little effect of Mach number variation on con-
trol effectiveness at hypersonic speed. The large difference between
data at Mach numbers 6 and 6.7 obtained in two different facilities is
attributed to a Reynolds-number—separation phenomenon since the body-
alone data agree very well.

The ability to predict the pitching-moment increment on the L-1
for small deflections is reasonably good. Where applicable, shock
theory glves better predictions of the incremental normal force and
pitching moment if calculated for the measured surface Mach number.

For large flap deflections and at low angles of attack where the sur-
face flow is supersonic, the pitching moment is overpredicted but the
normal-force increment agrees with that predicted. At angles of attack
greater than 300, the subsonic flow on the surface is influenced by the
deflected flap so that the large normal-force increment is underpre-
dicted by 100 percent but the pltching moment does not show as large a
discrepancy. It is evident that the flap produces a large load carry-
over on the body which has a small moment arm with respect to the cen-
ter of gravity. When the surface velocity is subsonic, the incremental
pitching moment and normal force can be predicted more closely for
large flap deflections by assuming a parabolic distribution of pres-
sure coefficient from the Newtonian value af the leading edge of the
flat surface to the stagnation value behind a normal shock at the body-
flap juncture with the result as indicated.

Y — =
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For conical-type bodies such as L-8, Newtonian theory underpredicts
the incremental pitching moment at angle of attack because of the higher
dynamic pressure which exists in the region of the flap due to body
cross flows washing away the low emergy alr near the control. Dynamic
Pressure corrections estimated from previously measured stagnation pres-
sure in the region of the flap on the M-1 show better agreement with the
data at moderate angles of attack.

Reasonably good agreement exlsts between prediction and experi-
mental data for the shoulder or edge flap on the L-2 at the higher
Reynolds number. However because of the small moments generated by
the body and the low slope of the moment curve, the trim attitude is
difficult to predict with any precision.

CONCLUDING REMARKS

The vehicles involved will produce the desired lift-drag ratio,
and it is possible to compute with confidence some of the basic body
characteristics; however, such was not possible for the body types
where the surface slopes change rapidly and edge relief or carryover
effects are evident. The type and location of the controls must be
selected with care to avoid cross-coupling problems. At present, in
the computation of control effectiveness, it is seldom possible to
theoretically account for the local conditions and flow phenomena in
the vicinity of deflected controls, and reliance upon experiment is
mandatory.

A great deal of experimental data, sufficient for preliminary
design purposes, has been obtained on a wide variety of these blunt
bodies with various aerodynamic control schemes at speeds up to Mach
number 10; however, the experimental studies must be extended into the
higher Mach number and temperature regimes in order to assess real-gas
effects upon stability and control.
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TAUNCH-VEHICLE DESIGN FEATURES
By George P. Pedigo

George C. Marshall Space Flight Center

The Saturn C-1 research and development program includes ten launch
vehicles. Tables I and II present a schedule of the major events in
this program. The first four vehicles (SA-1 to SA-4), indicated as
block I in table I, will be devoted to flight-testing only the first
stage, called the S-I.

Block II, as indicated in table II, will start the first flight
testing of the launch vehicle in which a live second stage will be used.
These tests will give data on the S-I stage, as well as on the live
second stage, called the §-IV, and the C-1 instrument unit of the launch
vehicle in the expected configuration to be used for Apollo.

There are presently two launch complexes (identified as VIF 34 and
37) under construction at Cape Canaveral, Florida, with a total of three
launch pads. VLF-34 has one launch pad and VIF-37 has two launch pads.
These complexes will permit up to ten launchings per year. Any future
increase in launch rates will require additional facilities.

Although the mission of the ten vehicles listed in tables I and II
1s the development of the launch-vehicle system, the opportunity exists
to flight test some early models of the proposed Apollo research and
development spacecraft beginning with SA-7. A discussion of this con-
figuration of the Saturn C-1 will therefore be made at this time. Fig-
ure 1 shows the space-vehicle configuration, which is divided into two
sections: the spacecraft at the forward end and the launch vehicle com-
prising the rear portion. At the forward end of the launch vehicle,
behind the spacecraft, is a section 58 inches long and 154 inches in
diameter. This section contains the guidance, control, measuring, and
other equipment in service of the launch vehicle. This equipment is
contained in a thermally controlled pressure-sealed compartment. Fig-
ure 2 depicts the presently planned instrument unit. It is designed so
that complete component racks (as well as individual components) can be
exchanged without disassembly of the vehicle. The skin of the section
takes the structural loads during flight and allows for convenient
mounting for antennas, umbilical connections, and other apparatus.

The second stage of the basic C-1 Saturn (designated the S-IV stage)
is being developed and produced by the Douglas Aircraft Company. This
stage has a diameter of 220 inches and has a profile view as shown in
figure 3. Some stage data are also shown in this figure.
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The S-I stage shown in figure 4 is comprised of nine tanks,
eight of which are 70 inches in diameter clustered around one central
tank which is 105 inches in diameter. Four outside tanks and the center
tank carry liquid oxygen (1lox) and take the entire stage longitudinal
and bending loads experienced in flight. The remaining four outer tanks
contain fuel and are not utilized as a load-carrying structure except
for thelr own weight and loads imposed by air flow. The exterior tail
configuration of this stage is shown in figure 5. Note that a short
stub fin is located between each major fin. These stub fins, together
with the large fins, support the vehicle on the launcher.

One important area of possible interest to the developer of the
spacecraft is the vehicle dynamics. This discussion does not include
dynamics of control, which is discussed by Otha C. Jean in a subsequent
paper. The one area of vehicle dynamics that will be mentioned, since
it is important in design of the control system, is the vehicle bending
characteristics. Table III presents in summary the bending character-
istics at some of the critical flight times. The data presented were
arrived at analytically. ZExtraneous bending characteristics were
expected since the vehicle structure is complex and equipped with
several thrust elements. Both scaled and full-scale dynamic tests are
being conducted. Small-scale tests are under way at the Langley
Research Center. Harry L. Runyan, Jr., and A. Gerald Rainey have
included some results of these tests in a subsequent paper. A test
facility has been built at Marshall Space Flight Center capable of
dynamically testing a full-scale Saturn C-1 launch vehicle. Preliminary
results indicate that several intermediate bending frequencies do occur.
Further testing is required to define fully the characteristics and to
assess the consequences. Methods are under study which may be employed
to attenuate the S-I stage tank action if conditions so dictate.

Another area that would likely be of interest to the developer of
the spacecraft is the sound and vibration enviromment induced by the
launch vehicle. The data presented in figure 6 are a plot of predicted
sound-pressure level against frequency. These data together with those
shown in figure 6 of the launch-vehicle induced vibration data were
arrived at by extrapolating test measurements analytically to the base
of the spacecraft. The maximum sound pressure as shown in the curve is
that expected to be transmitted through the atmospheric and structural
medium. The value of 143 decibels given at the bottom of figure 6 as
total sound-pressure level (SPL) is representative of a total single-
frequency level. The degree to which the Apollo equipment and crew
will experience this enviromment together with that induced by air flow
will depend largely on the design of the spacecraft. In figure 7, the
dashed portion of the curves is indicated in double-amplitude dis-
placements rather than in g units.
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Inasmuch as the theme of this conference is manned space flight, it
seems in order that some comment be offered regarding what is being done
in the Saturn C-1 program tc make the launch vehicle eligible for
carrying man. Throughout the research and development program, the
highest possible probability of mission success is being sought through
all available means. Some of the primary considerations are design
adequacy, component and systems qualification test programs, and relia-
bility programs.

Design adequacy embodies primarily the basic overall launch-vehicle
design. One such consideration is the selection of structural safety
factors, which should be considered a compromise between necessary
safety for manned launch vehicles and payload capability. For example,
factors of safety for the primary structure are 1.1 to yield strength
and 1.4 to ultimate strength.

Design assumptions are conservative in such areas as aerodynamics,
dynamics of control, and other flight conditions. For example, the

design maximum bending moment is 45 X 106 inch-pounds as compared with

the %2 X 106 inch-pounds that Saturn C-1 Apollo is expected to experi-
ence. This margin of safety will allow greater attitude divergence and
consequently more time for escape. It is pointed out that if spacecraft
configurations with higher aerodynamic 1ift than that previously shown
in figure 1 are introduced, this margin of safety will be rapidly
reduced. Figure 8 is offered as a quantitative estimate of the expected
loading conditions that would be experienced in flight with a 20 wind
loading. Assumptions as to the angle of attack a that is expected
under these conditions are conservative in that a 3° margin of safety

is used. (Dynamic pressure q is 4.994 psi and engine gimbal angle B
is —O.h?o.) Note that in addition to the bending-moment plot, shear and
longitudinal loading diagrams are included.

Another specific design feature which results in improved flight
conditions is the addition of fins on the first stage. This addition,
by increasing aerodynamic stability, reduces the stresses of larger
motions of the control engines and, in the event of control failure,
reduces the attitude divergence rate; and thus more time is allowed for
failure sensing and escape.

It should be pointed out that, should one of the S-I engines fail,
seven-engine operation is within the design capability of the control
system as well as the structure. Although weight requirements for some
payloads may be such that seven engines are not capable of providing a
complete mission, the engine-out capability still will give more assur-
ance that abort can be accomplished.
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The second major consideration mentioned is that of component and
systems qualification testing of all commercially available components
utilized. These are tested under the expected enviromments of thermal,
vibration, and functional criteria. Specially developed components and
systems are likewise tested to qualification under all expected modes of
operation and environment.

An example of this rigorous qualification program is the propulsion-
system test program. Individual propulsion test units are extensively
static fired under operating conditions as nearly like those expected as
possible. After the design and hardware of the propulsion units have
been completely proven, the units are assembled into the complete stage
structure and propulsion system and again undergo an extensive static
firing program under as near flight conditions as possible.

A1l structural elements for which the design adequacy is not com-
pletely known are statically and dynamically tested under all practlical
loading conditions. A complete flight vehicle is further tested in a
full-scale dynamic test stand to determine structural dynamics for the
various loading conditions of flight.

A comprehensive flight-test measuring program is also used to
evaluate quantitatively the operation in every important area of the
vehicle. Measurements that are taken in S-I stage alone amount to
approximately 600. This extensive measuring program is devoted to
substantiating the previously estimated enviromment and flight charac-
teristics, and to producing data supporting any required design correc-
tions or improvements for later flights.

For "man rating" of the launch vehicle, the area of reliability is
extremely important. A large portion of the gain in reliability neces-
sarily results from the previously mentioned considerations of design
adequacy and component qualification.

Extensive and continued analyses of the reliability of various
systems of the Saturn C-1l are being conducted. One such study by
ARINC Research Corporation arrived at an inherent design reliability
of the S-I stage as being 0.94% with the engine-out concept considered.
If success in reaching this value 1s attained in each of the two stages
of the C-1 Saturn, it can be seen that other means must be used to
increase the crews' chance of survival., Figure 9 is introduced to
exemplify that the spacecraft must also contribute to the probasbility
of crew survival. Simply pick the probability of crew survival desired
on the right, read horizontally to the value of reliability of the
spacecraft system expected, then read vertically the corresponding
launch-vehicle reliability required. For instsnce, assume a crew
survival of 0.99 and a launch-vehicle reliability of 0.90, then the
resulting spacecraft reliability would also have to be 0.90.

R
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In the area of reliability there is a continued effort specifically
devoted to study of systems for improvement of reliability by constant
design review, systems simplification, and redundancy.

Another ares in which study is beginning is assessment of phenomena,
which may be measured, that will be indicative of the development of a
catastrophic event. Such diagnostic presentation to the spacecraft is
certainly necessary if the highest probability of crew survival is to be
realized. Early participation of those responsible for the spacecraft
in this important area is highly desirsble.

Before this discussion is concluded, mention should be made of some
of the advanced launch-vehicle programs that are being studied that will
have an important future role in manned space flight. Two of these
programs are the Saturn C-3 and Nova. The Saturn C-3 is under study
concerning stage size, diameter, and other design criteria. Figure 10
depicts a typical configuration based on lower stages of 3%20-inch diam-
eter. The Nova is in the very early conceptual design phase and no
design features will be offered at this time. A brief statement on the
Saturn C-3 and Nova capabilities is included in the next paper by
Mr. Otha C. Jean of the Marshall Space Flight Center.
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APOLLO SATURN C-I
SPACE VEHICLE CONFIGURATION

SPACE VEHIGLE 206! IN.

~SPACE CRAF T+~———LAUNCH VEHICLE
A= ,
\\ '\\\’ /Zx-:*'
—257 DIA
INSTRUMENT~ ~STAGE S-IV—=——STAGE S-I
UNIT
Figure 1
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POWER AND CONTROL
PACKAGE

ACCESS PORT
FINTT

ACTIVE GUIDANGCE
VIEW LOOKING AFT FROM STA 1817.596

Figure 2
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SATURN

G-I, S-I¥ STAGE

WEIGHT (LB)
S-I¥ STAGE (DRY) 11,800 54
| STRUCTURE 8,045 >
2 PROPULSION SYSTEM 3600 1
3 MISC. 155 RN
MAIN STAGE PROPELLANTS 100,000
I LOX 83,333
2.LH. 16,667 460 220
UNUSABLE RESIDUALS 1,037
| PRESSURIZING GASES 60
2 TRAPPED PROPELLANTS 977
TOTAL 12,837
6 RL 10A-3 ENGINE I5K EACH
Figure 3
SATURN C-l, S-I STAGE
WEIGHT(LB)
S-1 STAGE (DRY) 90000
| STRUCTURE 61,000
2 PROPULSION SYSTEM 22000 C
3.INSTRUMENTATION &
ELEGTRIGAL 3,000 M
4MISC 4,000
RETRO ROGKETS 3000
S-1/S-IZ INTERSTAGE 1,700
MAIN STAGE PROPELLANTS 850000
L LOX 590,000
2 RP-I FUEL 260,000
UNUSABLE RESIDUALS 15,000
L PRESSURIZING GASES 4,000
5 TRAPPED PROPELLANTS 11,000
TOTAL 956,700
8 H-1 ENGINES 188K EACH
Figure 4
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LAUNCH- VEHICLE PERFORMANCE CHARACTERISTICS

By Otha C. Jean

George C. Marshall Space Flight Center

This presentation will deal with the performance capabilities of
the Saturn C-1 and C-3 vehicles. The first part of the presentation
willl cover the C-1 which is to be used for the orbital Apollo and possi-
ble reentry test shots.

The C-1 vehicle as described by George P. Pedigo in the previous
paper is a two-stage vehicle using lox-RPl as propellants in the base-
ment stage and high-energy propellants in stage two or the S-IV stage.
Table I gives a weight and engine performance summary of the Saturn C-1
vehicle. The listed weights refer to the 100-nautical-mile orbital
conditions.

The total configuration weighs 1,104,600 pounds at first motion.
The S5-I stage is powered by a cluster of eight 188,000-pound thrust
engines. Four of these engines are fixed mounted and four are gimbal
mounted to provide control during the ascending phase. The specific
impulse of this stage is 255 seconds. The propellant tanks are sized
to load 850,000 pounds of usable propellants, but 5,100 pounds are kept

in reserve in the event of mixture-ratio shifts. After 2% minutes of

flight, the S-I stage depletes its propellants and cuts off with a cut-
off weight of 259,700 pounds.

The S-IV stage separates at this point and continues flight. At
separation, the S-IV stage plus the payload weighs 159,850 pounds. The
stage is powered by six Pratt & Whitney engines, each rated at
15,000 pounds in vacuum. All six engines swivel for control. The
specific impulse of the system is 420 seconds. The tanks of the stage
have been sized for 100,000 pounds of liquid oxygen and hydrogen. After
reaching the 100-nautical-mile orbital conditions (velOCity and path
angle), the S-IV stage cuts off with a weight of 40, 700 pounds. Of
course, all of this weight is not available for the designer in sizing
his spacecraft. The S-IV stage itself weighs 11,700 pounds; 500 pounds
of propellants are reserved for mixture-ratio shifts; 832 pounds af pro-
pellants are trapped in fuel lines, tanks, and engines; and 518 pounds
are reserved for flight performance errors. This totals to 13,550 pounds
to be subtracted from the cutoff weight. This leaves an effective or
useful payload of 27,150 pounds. The effective payload is defined to
contain the guidance and control equipment of the vehicle. There are
small differences between the weights just quoted and those quoted in
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the previous paper by George P. Pedigo which are the current design
data.

The typical trajectory shaping schemes in establishing ascending
trajectories will now be discussed. Two typical trajectories are shown
in figure 1, a 300- and 100-nautical-mile mission. After 10 seconds of
vertical rise, a small angle of attack is introduced to initiate gravity
turning. Except for this initial angle of attack, the first-stage tra-
jectory is flown under a zero-1lift program. This leaves the complete
swivel freedom of the engines available for control purposes. The
S-IV stage trajectory is shaped by the variational calculus theory
method. This method selects the optimum thrust direction for the mis-
sile to follow in order to have a minimum burning time between two
fixed points (first-stage cutoff and desired orbital condition). Since
the S-IV stage ignites in rather thin atmosphere, large angles of attack
from a structural viewpoint are permissible. In figure 1 it is inter-
esting to note that rather large angles of attack are encountered during
the S-IV burning. This is due to the low thrust-to-weight ratio of
this stage, which is 0.6g at ignition. The optimum program in the
100-nautical-mile case encounters angles of attack up to 16° magnitude
and in the 300-nautical-mile case, 170 near cutoff of the terminal
stage.

Figure 2 shows the velocity-vector magnitude and direction for
each of the two previous orbital trajectories. The left ordinate gives
the path angle measured against the local vertical in degrees and the
right ordinate gives the velocity magnitude in feet per second. These
are plotted as a function of flight time. The velocity vector and
direction during first stage are depicted in earth-fixed coordinates
and a transformation is made at stage-one cutoff to a space-fixed
system. The assumed launch azimuth is due east. The top curve of
each set is the 100-nautical-mile mission case. If a malfunction
should occur while the spacecraft is following either of these trajec-
tories, the conditions shown in figure 2 would be the initial condi-
tions for abort. It is interesting to note that for the >00-nautical-
mile case, the path-angle—velocity combination is similar to ICBM type
conditions, and the reentry deceleration would be excessive if abort
should occur.

This leads to an important trajectory restraint and that is the
allowable altitude—velocity—path-angle combination which is allowed
for safe abort or the so-called famous abort corridor. The abort cor-
ridor would determine the upper limit for orbital altitudes.

Another important flight mechanical condition for the spacecraft
designer is the dynamic pressure to be expected during first-stage
flight. Shown in figure 3 is dynamic pressure plotted against flight
time for the two missions. The two top curves are for eight engines

. .
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operating in first stage. Dynamic pressures up to 800 lb/sq ft would
be experienced for the 100-nautical-mile case. In the case of only
seven engines operating in first stage, the peak dynamic pressure would
be about 600 1lb/sq ft.

At this point it should be mentioned that the Saturn C-1 has been
designed for engine-out capability from launch. The loss of an engine
during first stage introduces two major problems. First, the perform-
ance capability of the vehicle is reduced as will be shown in a subse-
quent figure, and, second, the controllability of the missile is
reduced. The controllability of the vehicle is reduced in two ways.
First, the thrust vector of each engine does not pass through the center
of gravity (CG) and the loss of an engine creates an unbalance of moments
about the CG and the remaining engines swivel to restore this balance.
Second, if the engine that failed is a control engine, the control torque
available to compensate for winds is reduced.

The stability characteristics of the vehicle are shown in figure 4.
The center-of-pressure data (CP/D), center-of-gravity data (CG/D), and
lift-coefficient data (CZa) are given over first-stage flight time. The

trajectory is the 100-nautical-mile case. The missile is stable up to
> seconds of flight. The high-wind region and maximum dynamic pressure
(Max q) occurs prior to this time while the vehicle is stable. The
importance of this stability margin is emphasized in figure 5. In this
figure the aerodynamic restoring coefficient C{ and control force

coefficient C, over first-stage flight is presented. The aerodynamic
restoring coefficient is given by the formula

N(CG - CP)
€ = ——
)

where N represents the 1lift force, CG - CP represents the aero-
dynamic lever arm, and © represents the moment of inertia. The con-
trol force coefficient is given by the formula

F(CG)
27 58

where F represents the force, CG represents the distance from the
swivel point to the center of gravity, and © represents the moment of
inertia. The factor 2 enters into this formula since only one-half of
the total thrust is capable of swiveling. The importance of the posi-
tive value of C1 1is that if a malfunction requires shutdown of the

eight engines, the vehicle will not immediately tumble. The ratio of
the coefficients gives a true representation of the controllability of
the Saturn C-1 vehicle. The swivel-angle requirement to compensate for




wind torque and other malfunctions is the ratio Cl/CQ times the angle

of attack resulting from these disturbances. For winds in the order of
250 feet per second at maximum dynamic pressure, the angle of attack
would be near 7° and the engines would be required to swivel near 6° to
compensate for these disturbances.

Conclusions can be made from figures 4 and 5 that for symmetric or
nonlifting payloads (as shown in fig. 4) the fin size may be too large.
For the Apollo type missions, the eight stubs used for vehicle support
and holddown on the pad may be sufficient aerodynamic surfaces for sta-
bility. Since the four fins are detachable, the decision of flying with
fins is optional.

Figure 6 presents the performance capability of the C-1 for differ-
ent orbital altitudes. Two pieces of information are offered, the cut-
off welght in orbit and the useful payload. The mode of ascent is con-
tinuous, burning until the orbital conditions are satisfied. The
payloads for both eight- and seven-engine boost trajectories are given.
For the 100-nautical-mile orbital case, the payload is 27,150 pounds
in the eight-engine case and drops to 19,500 pounds at the 3%00-nautical-
mile altitude level. For the seven-engine case the payload is about
3,000 pounds less for each altitude - about 24,000 pounds of capability
at the 100-nautical-mile level and 16,000 pounds at the 3%00-nautical-
mile level.

For the larger orbital altitude, the payload capability may not be
sufficient to meet the actual weight of the Apollo. Shown in figure 7
is a method of achieving larger orbital altitudes with more payload
than can be brought up directiy. This is the classical Hohmann trans-
fer method of first going into a low circular orbit and adding an
impulse to initiate transfer and then coasting to the apogee of the
transfer ellipse and at that point adding an additional velocity incre-
ment in order to have circular velocity. About 5,000 pounds of weight
is gained at the 300-nautical-mile altitude by use of the Hohmann
transfer.

A word of caution should be given at this point - the Hohmann trans-
fer requires at least one restart of the S-IV engines and an attitude
control system for control during the transfer phase. Neither of these
features are being planned for the research and development S-IV stage.
Possibly the attitude control system on the payload could be used for
control and the auxiliary propulsion system for abort could be used to
circularize at the apogee of the transfer ellipse.

At present, the Marshall Space Flight Center is in the preliminary
phase of sizing a C-3% vehicle. The C-3 will be a three-stage vehicle
with the basement stage utilizing lox-RP1 for propellants and the two
upper stages carrying high-energy propellants. Table II presents a
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preliminary weight and engine performance summary of a C-3 vehicle as it
is presently planned.

The total vehicle weighs 2,400,000 pounds at lift-off and is powered
by two F-1 engines each having 1,500,000 pounds of thrust. The specific
impulse is 260 seconds. The tank capacity of this configuration is
1,500,000 pounds.

The S-II stage at lift-off weighs 786,500 pounds. The thrust is
provided by four J-2 engines each with a thrust rating of 200,000 pounds.
The specific impulse is 422 seconds. For this mission 550,000 pounds of
propellants are used in the S-II stage.

The third stage, a modified S-IV stage, lifts off with a weight of
190,000 pounds. The thrust is 90,000 pounds and specific impulse is
420 seconds. Orbital velocity would be reached after 58,200 pounds of
propellants have been burned. The cutoff weight is 131,780 pounds.

Figure 8 gives the rayload capability of this vehicle for different
orbital altitudes up to escape. A parking orbit is assumed at the
100-nautical-mile altitude. The higher orbital altitudes are achieved
by Hohmann transfer from this reference orbit. The escape. weight for
this configuration is near 60,000 pounds, of which 18,500 is dry
S5-IV weight, trapped propellants, flight performance reserve, and guid-
ance and control equipment. This leaves a net payload at escape of
about 40,000 pounds. The circular rayload would be about 110,000 pounds.

If the C-3 is to be used for the man on the moon and return mission,
a number of vehicles would need to be mated together in orbit since
approximately 400,000 pounds of circular weight is necessary to land
on the moon and return a 12,500-pound spacecraft.

Considerations to do the above mission directly have led to the
Nova configuration. The circular capability of the Nova is to be of
the order of 400,000 pounds, which means the Nova could perform the
seme lunar mission directly and this would eliminate the rendezvous
maneuvers.
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TABLE I

WEIGHT AND PERFORMANCE DATA

s-1 s-Iv
Lift-off Weight (ib) 1,104,600 139,850
Thrust (1b) 8x 188K (SL) 6xI5K (VAC)
Specific Impulse (sec) 255 (SL) 420 (VAC)
Propellants (Ib) 844,900 99, 144
Cutoff Weight (Ib) 259,700 40,700%
S-IZ Dry Weight (Ib) 11,700
Mixture - Ratio Reserve (Ib) 500
Trapped Propellants (ib) 832
Flight Performance Reserve (Ib) 518
13,550
Effective Payload 27,150
40,700
*100 nm Orbit
TABLE II

WEIGHT DATA OF 3 STAGE SATURN C-3

(100 nm Mission)

S-IB S-1I S-IV¥
Lift -off

Weight (Ib) 2,400,000 | 786,500 | 190,000
3,000,000 | 800,000 | 90,000

Thrust (Ib) (SL) (VAC) | (VAC)
Specific 260 422 420

Impulse (sec) (SL) (VAC) (VAC)
Propeliants (Ib) 1,500,000 | 550,000 | 58,200
wgilgr?tleb) 907,200 | 236,500 | 131,780

Separated S-IV (lb) 18,510

= N




cooene
oo
L ]
[ ]
[ X X J

[ XX XX )
*
L4
[ XXX X ]
(XX KX ]
e o @
[

(X XK X
ese

Alti‘tude (nm)

TYPICAL FLIGHT GEOMETRY FOR
I0O0 AND 300 NM MISSIONS

(Direct Ascent)

300 < T NI ]
4°
200 f/
12° o ° o
Y s | A A4 e
100 io° > -
Stage I Cutoff
1 |
% 200 400 600 800 1000 1,200
Range (nm)
Figure 1

PATH ANGLE AND VELOCITY AS A FUNCTION OF
FLIGHT TIME FOR 100 AND 300 NM MISSION

(Eight Engine First Stage)

Path Angle (deg)

Velocity x10-3 (ft/sec)

100 T 25
Path Angle ?/;:
80 N N\ =77 20
/\ / \( A
60 = 43S 5
/’ | _ A==\ 300nm
40 === TN 100 nm 0
/ / Velocity
20 7 5
s
olL— o
o I00 200 300 400 500 600 700

Flight Time (sec)

Figure 2

L




(XX
XXX}
.

[ XX XX )
seces
*

.
esecee
[ ]

.
(XX ]
.

.
eee
oseve

DYNAMIC PRESSURE DURING
ASCENDING PHASE FOR
100 AND 300 NM TRAJECTORIES

Dynamic Pressure (Ib/ft2)

800 -8 Engine
/Q\ (100 nm)

600 18 Engine
(3oonm)/” |/ \\\
400 // "\ \\ {7 Engine
200 Y (7 Engm%\\\ (100 nm)

¥ (300 nm

Z AN

olZ
O 20 40 60 80 100 120 140 160
Flight Time (sec)

~

Figure 3

AERODYNAMIC DATA
CG/D, CP/D cz, (I/rad)

7 ,"\ 10
6 9
|\
5 = \\ 8
4 7
CP/D
3 . A -
CG/D
2 :7 P i—— 5
I 4
Q MCIIX q )
Sh= 05 50 100 150
Time (sec)
Figure L4

4




seene
s0e
.
.
X
ooe
.

.
sseee
.

*
(XXX X ]
L 4
.
oo
see

MISSILE SA-7
AERODYNAMIC RESTORING COEFFICIENT AND
CONTROL COEFFICIENT VERSUS FLIGHT TIME

_ N(CG-cP) _ F(CG)
€ = e  C2F —35g -
c,/c,
4 ¢, €2 (I/sec?)
.8 4 N
/| \¢//cp £
/ \ 2
4r 2 / ‘\

// N\
o - o -;fEE'-::: S
50 N Joe

50
Time (slec)

Figure 5

PAYLOAD CAPABILITIES OF SATURN C-I
Separated S-I¥ Stage = 13,550 Ib
Cuf?ff Weight x 1073(1b)

Useful Payload x 107 (Ib)
451 30

] T
\\KCutoff Weight
I

41 25 = g Useful Payload
— \2&?\&

351 20 =~

NN
7 Engine Booster (N
30{ 15 ' A

8 Engiﬁe Booste

257 10 Orbital Altitude (nm)

0 100 200 300 400

Figure 6

23



[ X X
' TXXX)
s ded
(XXX 2]

[

.
X xxl
.

.
(XY ]
esens

LJ »
L ] e @

ORBITAL CAPABILITIES OF C-I
FOR DIFFERENT MODES OF ASCENT

(8 Engine Boost Phase)
Useful I;’ayload (Ib)

30,000 T

o Hohmann Transfer
26,000 |~ —

. _N
20,000 Direct Ascent \\
15,000

L\ Orbital Altitude (nm)
L L —
100 200 300 400
Figure 7

PERFORMANCE CAPABILITY FOR SATURN C-3
Separated S-I¥ Weight =18,500 Ib

Third Stage Cutoff Weight x 103(lb)

140 ‘ l
26 ~a_96 Minute Orbit

100 A

I
. \

Y Escape |
24 Hour Orbit
40 1 Altitude (Nautical Miles)
100 1,000 10,000 100,000

Figure 8




L X ) [ X 3 L ] L] L ] LR ®® 9 0808 ¢ 0ce o
’ & @ o e 9 ¢ o w * o s o * o
e o o0 L] [ ] . o [ L s o e ©o¢ e
* o 9 L] [ ] [ XX ] L ] . o o v @ ® o
[ ] L] L ] ® swe oe

LAUNCH-VEHICLE DYNAMICS
By Harry L. Runyan, Jr., and A. Gerald Rainey

Langley Research Center

INTRODUCTION

The idea that a launch vehicle is a space truck on which any
spacecraft, within performance capabilities, can be carried without
giving due consideration to problems of structural dynamics can lead
and has led to serious consequences. A launch vehicle with a new
spacecraft 1s In essence a new system. The purpose of this discussion
is to present several of the more important factors affecting launch-
vehicle dynamics both with regard to system inputs and dynamic behavior.

SYMBOLS

C damping
Cer critical damping

Acp,rms root mean square of lncremental pressure coefficient

fexp experimental frequency, cps

foal calculated frequency, cps

My, bending moment, in-1b

Mo free-stream Mach number

q dynamic pressure, lb/sq ft
DISCUSSION

In figure 1 are listed some of the more important loading inputs
Plotted against time of flight; namely, lift-off, transonic effects,
and maximum dynamic pressure. The dark areas represent the times of
maximum loading for the particular source. Indicated are such load
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sources as fuel slosh, acoustics, buffet, panel flutter, and winds.

The main point of this figure is to illustrate that most of the loads
occur between the vertical lines which indicate the transonic and max-
imum dynamic-pressure conditions. Most of the loads are shown to reach
a maximum value at about the same time during the flight. Briefly dis-
cussed are some details concerning ground wind loads, acoustics, buffet,
and winds, as well as the vibration modes, which in effect comprise the
transfer function for buffet, fuel slosh, and wind loads of Saturn.

One of the basic ingredients in the design of a control system
and in loads estimation is an accurate knowledge of the launch-vehicle
vibration characteristics. Both the vibration mode shapes and the fre-
quencies must be known to ensure that no coupling will exist between
the control-system sensors and the structural modes. The Saturn 1s the
launch vehicle for the Apollo program; therefore, an accurate knowledge
of the vibration characteristics is needed as early as possible. A
l/5—scale dynamic model of the Saturn has been constructed for inves-
tigation at the Langley Research Center. Figure 2 illustrates the
model installed in the test tower. (The man shown indicates in general
the size of the model.) The model is suspended by an unusual and
simple system which provides very little restraint from the support
system and thus approximates a free-free system such as occurs in
flight. The comparatively large model scale (1/5) was chosen to permit
accurate simulation of joints, fittings, and skin gages, which were
considered especially important for the cluster configuration, since
motion of tanks within the cluster relative to each other is possible.
This model program can also provide immediate modal and frequency data
for the Saturn program, demonstrate the feaslbility of obtaining accu-
rate vibration data from scaled models, and provide a test bed to eval-
uate future changes in the vehicle, along with future payloads.

Free-free vibration tests of the model have been made, and data
have been obtained with the model ballasted with water to simulate the
weight at the point of maximum dynamic pressure in the launch trajec-
tory. Figure 3 shows the acceleration response of a point on the nose
of the vehicle for various driving frequencies. The frequencies have
been scaled to correspond to full-scale frequencies. The driving force
was provided by two electromagnetic shakers, located at the top and bot-
tom of the model. The large number of peaks that appear indicate a num-
ber of resonant frequencies. For comparison purposes, the arrows have
been placed on the abscissa to show natural frequencies calculated by
simple beam theory, which assumes an equivalent stiffness for the
clustered-tank portion of the launch vehicle. Notice that the calcu-
lated frequencies agree fairly well with some of the measured peaks.

It is apparent, also, that several frequencies appear experimentally
which were not predicted analytically. These results indicate addi-
tional vibration modes or effects in the model not accounted for by
the simple analysis. The predominant characteristic of these higher
modes (and their frequencies &I‘ii}ill.lo_w enough to be of concern in

F
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control-system design) is the large amount of relative motion between
the various tanks in the booster cluster. This phenomenon is illus-
trated by the measured mode shapes which correspond to the two lowest
frequencies of the model.

The measured mode shape corresponding to the first resonant peak
is shown in figure 4. The deflection of the center line is plotted,
normalized to unit deflection at the nose of the launch vehicle. The
calculated first mode is also plotted (as a dashed line) and indicates
good agreement with the experiment. The behavior of the cluster is
shown in the cross-section A-A. The arrows indicate the relative
motion of each tank. Note that all tanks move together, with about
the same amplitude. The overall behavior observed for this mode is
that of bending as a beam, predictable by the usual methods of vibra-
tion analysis.

The behavior is considerably different when the experimental vibra-
tion mode corresponding to the second resonant frequency is examined
(fig. 5). The center-line deflection, plotted in the center, now shows
only one node point, in contrast to three node points expected from
beam behavior. The predicted mode shape, obtained by the beam analogy,
is sketched as a dashed line to show this deviation. Again, the arrows
are used to indicate the relative motion of individual tanks (sec-
tion A-A). If the center tank moves in one direction, the tanks on
the sides move directly opposite. The tanks in line with the motion
of the center body tend to remain still, while the remaining four tanks
actually have a component of motion out of the plane of the exciting
force. However, these tanks still tend to move opposite to the center
tank. The mode of one of these tanks on the sides has been super-
imposed on the center-line mode, in the middle sketch, to show the
relative amplitude of the tank motion. Note that the tank motion is
relatively larger than the center-line motion. Because of the rather
complicated motion of this mode, it has been termed a "cluster" mode,
rather than a second-beam bending mode as it would be in the conven-
tional case. The other resonant peaks shown on the frequency response
curve have equally complicated modal patterns, containing not only
relative motion of tanks within the cluster but also local distortions
and shell-type responses.

Vibration tests on the model are continuing to order to better
define and understand the vibration characteristics of the Saturn and
for extension to future clustered configurations. A full-scale vibra-
tion test 1s being conducted at Marshall Space Flight Center, and cor-
relation of model and full-scale test results is planned in order to
demonstrate the feasibility and accuracy of model test results. More
refined analyses of vibration characteristics will also be attempted
in order to develop and prove the analytical technigues.

—
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It is anticipated that the model will be kept up-to-date so that
later configurations including, for instance, a dynamically scaled
Apollo spacecraft, may be tested.

The next subject to be discussed concerns the loads caused by the
ground winds on the launch vehicle while supported on the launch stand.
The loads resulting from steady winds manifest themselves in two ways.
First, there exists a drag load and, consequently, a steady bending
moment in the direction of the winds. The second loading manifests
itself in an oscillation, principally in the direction normal to the
wind. Data obtained on a dynamic model of Saturn (fig. 6) tested in
the langley transonic dynamics tunnel are shown in figure 7.

Tn this investigation, the response of a dynamically and elasti-
cally scaled l/l}—scale model of the Saturn SA-1 vehicle was measured
at simulated ground winds up to 80 feet per second and at full-scale
Reynolds numbers. The model results shown have been scaled up to the
full-size Saturn. For the data presented, the model airstream orienta-
tion was such that one of the eight barrels along the launch vehicle
was directly in line with the wind.

In figure 7 the steady-drag bending moment measured at the base
tie-down location (station 121.75) 1is presented; also presented, for
comparison, is the maximum oscillatory bending moment in the lateral
(perpendicular to the wind) direction, which was the largest oscil-
latory bending moment measured. At low velocities the oscillatory
bending moment generally exceeds the steady-drag bending moment. At
higher velocities the steady-drag moment becomes several times the
oscillatory moment and approaches the static overturn moment for the
unfueled vehicle resting unclamped on the launch arms. Thus, for the
Saturn SA-1 the critical load from ground winds is the steady-drag
load rather than the oscillatory response lateral to the winds, which
has been the critical load for some other launch vehilcles.

The variation with wind velocity of the maximum oscillatory base
bending moments in the drag direction has also been obtained. As 1is
typical of such cylindrical structures, the oscillatory response in
the lateral direction was much greater than in the drag direction. Of
general interest is the unexpected peak in the response at velocities
of about 30 feet per second, which are not typical of supercritical
Reynolds number responses. Adding roughness or spoilers to the nose
of the model incressed the peak response at this velocity. Other data
indicate that the peak tends to disappear if the plain model 1s rotated
22.5% to orient the valley between two barrels to a positlon alined
with the wind direction. Therefore, it may be that this peak response
is a function of the details of the flow around the eight barrels of
the launch vehicle which present a noncylindrical shape to the airstream.
It seems unlikely that this peak response at low wind velocities will

m




- [ ] * [ X ] *® 9 000 & Soe oo
e o & e o o9 s o o . o s o * e
o o o0 . o L 2 J L] * & o6 * &0 . o
e o o s L ace [ ] s & o . o e o
o6 see e 0es & o oo L3 ] L IR ) s 600 de

S 59

present a problem to the Saturn SA-1 since, as is shown in figure 7,
the steady-drag moment at higher wind velocities is much greater than
this peak oscillatory moment.

The next subJject to be considered is the noise environment of the
vehicle, both at launch and during flight. The two main sources of
noise for the Saturn lasunched Apollo vehicle will be the rocket engines
and the aerodynamic boundary layer. In figure 8 the estimated noise
levels outside the manned region of a two-stage Apollo vehicle are
shown as a function of time. The noise levels from the rocket engines
and from the aerodynamic boundary layer are indicated by the cross-
hatched area and single-hatched areas, respectively. The rocket-engine
noise levels are based on measured data obtalned for Saturn static
firings and Atlas launching tests. The highest rocket-engine noise
levels are indicated during the static firing and lift-off because of
flow impingement and ground reflections. After the vehicle leaves
the ground, there 1s a decrease in the rocket-engine noise levels
because of beneflcial effects of the vehlcle forward velocity. The
aerodynamic noise levels increase as the dynamic pressure increases,
the nolse pressures being approximstely proportional to the dynamic
pressure. The aerodynamic noise levels shown are based on estimated
dynamic pressures for the Apollo spacecraft. The extent of the cross-
hatched areas is based on wind-tunnel studies and flight data for air-
craft and for Project Mercury spacecraft; the lower limit applies to
clean aerodynamic surfaces (0.006q), whereas the upper limit is for
regions of separated flow (0.02q).

It should be noted that the estimated noise levels are for a
region of the vehlcle where the manned compartment might be located.
For regions of the vehicle near the rocket-engine nozzles, noise levels
approximately 15 db higher than those on the nose would be expected
during static firing and lift-off. The aerodynamic noise levels esti-
mated are believed to be of about the same order of magnitude for other
regions of the vehicle; however, there would probably be differences in
the spectral content of the noise (i.e., the peak of the spectrum would
shift toward lower frequencies for regions farther aft).

Buffeting of launch vehicles 1s a relatively new problem which
has recelved considerable attention in the past year. This buffeting
has been suspected as a cause for several vehicle failures, either
directly through structural failures or indirectly because of failure
of equipment subjected to the severe environment produced by buffeting
flows.

Buffeting occurs on a wide variety of aerodynamic shapes. Some

of the configurations which are representative of those used 1n various
NASA research programs are shown in figure 9. The so-called "hammerhead"

“ -



e 068 ® 660 o oo se L J LJ [ ] [ XX ] L X1
o @ * s e o * o & .« o O o o
s o se o ae 3 * L] * o ® L] *s o @
» o s ¢« & o L LA N2 [ ] . ¢ o o

*e Soe0 o * o LR ] o0 @ o Son o8 [ AN J L X ]

6o i

shapes which are used as payload fairings on several vehicles are

very susceptible to buffeting flows at transonic speeds. The cone-
cylinder-flare configurations used on several warhead reentry vehicles
are also subject to buffeting. And, of course, the configurations with
escape towers, such as Mercury and some Apollo configurations, also
have their buffeting problems. These and other shapes are under inten-
sive investigation.

The three different types of shapes produce at least three dif-
ferent types of buffeting flow, which are illustrated schematically in
figure 10. The first type of flow is very similar to the familiar
transonic buffeting of thick airfoils. At Mach numbers Jjust below 1.0
the flow expands to supersonic speed over the thicker portion of the
nose and is terminated by a normal shock, which in general separates
the boundary layer in an unstable manner and produces large pressure
fluctuations near the shock location. The second type of flow illus-
trated is associated with the separation caused by the high pressure,
produced by the flare, propagating forward through the boundary layer.
This type of flow can persist to low supersonic Mach numbers and 1s
often intermittently asymmetrical even at zero angle of attack. The
third type of flow resembles weke buffet in that it is similar to the
flow phenomena of an airplane having its horizontal tail in or near the
wake of the wing. Various types of protuberances on the forward part
of the launch vehicle can produce a wake which passes back over the
body of the vehicle and causes the shocks to fluctuate with large pres-
sure fluctuations. This type of buffeting also persists to low super-
sonic speeds and can be a serious problem at the time of maximum dynamic
pressure as well as near Mach number 1. Of course, this is just one
particular listing of types of buffeting flows. Some configurations
experience combinations of all these types and others as well.

An example of specific results obtained at Ames Research Center
for one model is shown in figure 11. The root-mean-square values oi
pressure coefficlent are shown plotted against pressure cell location
for a cone-cylinder combination similar to the Centaur launch vehicle.
Results are shown for three subsonic Mach numbers. Of particular note
is the highly localized characteristic of this type of buffet at each
Mach number which occurs at or near the intersection of the cone and
cylinder. However, this pressure peak shifts back with increasing
Mach number, so that even though it is of a highly localized nature,
strengthening of the structure may be required over a considerable
length of the vehicle. Similar results have been obtained on essen-
tially every configuration belng flown in the space program as well as
on a number of planned configurations.

In order to obtain an indication of the buffet characteristics of
Apollo spacecraft during launch, a model of one of the Apollo design

-~
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configurations has been tested in the langley 8-foot tunnel. In fig-
ure 12 the fluctuating pressures in the form of a root-mean-square
pressure coefficient are plotted at the various locations on the space-
craft and second stage. The pressure fluctuations on the nose are
small for both configurations, but the presence of the tower causes
very high pressure fluctuations over the downstream portions. This
highest value Just behind the shoulder of the spacecraft is about

23 percent of free-stream dynamic pressure on the basis of root-mean-
square values. This effect would correspond to fluctuating peak pres-
sures of nearly 430 pounds per square foot for a nominal Saturn launch
trajectory.

This large effect of the escape tower differs from results obtained
on the Mercury configuration, which indicated generally high levels
(16 percent of q) either with or without the tower. It 1s evident that
more basic research will be required to obtain a full understanding of
these phenomena. The limited amount of information obtained with this
model indicates that a buffet problem can exist for Apollo. During the
development of the vehicle, careful consideration should be given to
the configuration modifications that might alleviate the problem, and
detalled studies appear necessary to ensure that the structure, equip-
ment, and occupants can perform under the buffeting enviromment.

As a final item In this buffet problem, the Ames Research Center
recently found that for certain nose shapes (principally the hammerhead)
the aerodynamic buffet forces are phased in such a manner that a con-
dition of negative damping can occur in a vibration mode. This result
means, simply, that a single-degree-of-freedom flutter is possible.

At the Lengley Research Center, a flexible model has been tested and

the damping in the first elastic mode is shown in figure 13. The
damping ratio is plotted against Mach number for two configurations.

One represents a clean configuration and the damping (structural plus
aerodynamic) is shown to be above the structural damping which is indi-
cated by the dashed line. Thus, this configuration has positive damping
and is stable. The second configuration, shown at the lower part of

the figure, has a reglon of negative aerodynamic damping as shown by
the region where it is below the structural-damping line. Thus, 1t is
apparent that elastic models of proposed configurations should be tested
to determine the possibility of negative aerodynamic damping.

The largest single source of loads on a launch vehicle during the
atmospheric portion of the flight is due to the wind velocities normal
to the launch-vehicle flight path. This problem of wind loads may be
resolved into two parts. The first deals with the proper selection of
the wind velocities to be used in the basic design, i.e., a design crite-
rion. The second, of an operational nature, involves the requirement of
a knowledge of the winds shortly before a firing so that a decision can
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be made with regard to the probability of success. As regards the
design wind loads, the present practice utilizes an envelope of winds
such that the winds over the altitude range of interest will not be
exceeded for a certain percentage of time, which are referred to as 1,
2, or 3¢ Sissenwine winds. These curves are essentially a series of
straight lines and hence do not contain information concerning the
details of the wind velocities. As a means of partially accounting
for this neglected loading source, it is common practice to superimpose
on the loading determined from the steady winds the loading determined
from flying through a single 1 - cosine wind gust (which is tuned to
excite the fundamental structural mode). The actual winds, or course,
have a large number of wind variations which, coupled with low aero-
dynemic and structural damping, could excite the lower structural modes.
An example of the finer grain structure of the winds is shown by the
solid line in figure 14, where the altitude is plotted against wind
velocity. Unfortunately, the large quantity of information needed to
provide more precise wind criteria is lacking. A rather concentrated
effort is being made, however, to determine the fine-grain structure of
winds. At Langley Research Center, a smoke-trall technique has been
developed for obtaining more precise measurements of the winds. This
technique utilizes either the natural exhaust of a solid-propellant
rocket or an artificiaslly generated smoke trail. Photographs are taken
of the trail from two positions which are about ten miles from the
launch site. From these photographs, then, the fine-grain detail of
the wind velocities may be determined. The winds shown in figure 14
were obtained by the smoke-trail procedure, as well as by a simulated
balloon sounding.

The simulated balloon sounding was obtained by reading and aver-
aging the smoke-trail wind in the same manner that is used to obtaln
a balloon sounding, the usual averaging distance being about 2,000 feet.
Large discrepancies between the two soundings are noted, particularly
at 17,000 feet.

On a digital computer, a Scout launch vehicle was "flown" through
these two winds, the results of which are shown in figure 15. Shown
is an envelope of the bending moment plotted against altitude for the
smoke trail and simulated balloon inputs. Note, in particular, the
large difference in loading at an altitude of about 17,000 feet. Most
of this difference can be ascribed to dynamic effects of flying through
this detailed wind velocity as given by the smoke trail. In the insert
is shown the actual bending-moment trace and agaln the large dynamic
effect 1s noted. Thus, it is apparent that more detalled and realistic
wind profiles are needed for proper design.

With regard to providing information for operational purposes,
the smoke-trail procedure requires too much time for data reduction.

T
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However, the U.S. Alr Force has under development a so-called "super
pressure balloon" which, when used with a much more accurate radar sys-
tem, could provide this operational information.

CONCLUDING REMARKS

This discussion has pointed up a number of structural dynamic areas
that will require detailed investigation when the final configuration
is selected. In particular, the vibration characteristics of the Apollo
on the Saturn launch vehicle should be determined, perhaps by a dynamic
model, and a very thorough buffet investigation will have to be made.
Of course, research efforts to advance the state of the art must proceed
hand in hand with these more specific items to provide a reliable basis

for design procedures and prediction of loads associated with launch-
vehicle dynamics.
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CONSIDERATIONS OF SPACE RENDEZVOUS
By John C. Houbolt

Langley Research Center

INTRODUCTION

This paper discusses some of the basic results that have been
found in studies of the problem of rendezvous in space, involving for
example the ascent of a satellite or space ferry so as to make a soft
contact with another satellite or space station in orbit. Rendezvous
is considered of interest before this group because of its contemplated
use in some of the Apollo missions.

The main intent of this discussion is to highlight some of the
basic advances that have been made in the understanding of rendezvous.
Emphasis is given to launch timing, trajectories, guidance, basic
rendezvous schemes, and the role of a pilot in rendezvous missions,
and attempts will be made to dispel certain misconceptions that have
arisen with regard to some of these aspects. Attention is directed to
reference 1, which discusses some of the points in much greater detail
and gives a list of 60 references dealing with recent rendezvous
studies.

PHASES OF RENDEZVOUS

Figure 1 depicts the commonly adopted phases that are involved in
an earth-orbit rendezvous; namely, the ascent or injection phase which
places the ferry near the target, the controlled terminal or closing
phase which starts, say, 50 miles away from the target and usuvally
involves only a fraction of an orbit revolution, and the docking phase
wherein latches, lines, and air locks are attached. Some comments will
be made about each of these phases.

Launch and Ascent

Injection techniques.- There are at least five basic injection
technigues as illustrated in figure 2: an in-plane scheme in which
the ferry is launched essentially in the orbital plane of the target,
a parking-orblt technique which uses a suborbit to make up for angular
position deficiencies between the ferry and the target, an adjacency
scheme which requires an orbital-plane correction at the node point,

.
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a two-impulse method which involves an ihtercept trajectory with a
second impulse at ferry apogee (the rendezvous point) to make speed
and direction coincident, and, finally, the general scheme which
involves a Keplerian transfer of the ferry to intercept the target on
either the outgoing or return leg and an impulse at this intercept to
make speed and direction coincident. The first four technigues are
really subcases of this fifth general scheme. Studies have shown that
all five schemes are capable of once-a-day rendezvous operations and
that some offer the possibility of rendezvous on from three to four
successive orbital passes of the target; advantages and disadvantages
differ, of course, with each scheme.

Direct ascent "launch windows".- Launch time intervals that are
associated with direct ascent rendezvous are illustrated in figure 3.
On the left is shown a planar projection of several paths to rendezvous.
At the end of booster burnout the ferry is injected with a velocity Vy,

and a flight-path angle 4% If the target is at the position AL’
rendezvous can occur at A via a Hohmann type transfer or minimum
energy path. If the target is at By, rendezvous can be made on the
outgoing leg at Bp; whereas if the target is at Cr,s rendezvous will
occur on the incoming leg at CgR. At each of the intercept points a

finite velocity increment AVp must of course be applied to meke the
rendezvous soft.

The maximum spread between the positions By and C; 1s deter-

mined by vehicle performance capabilities; that is, the largest value
that can be obtained from the vehicle for the sum Vi + AVg. On the

right in figure 3 are shown results for two different values of this
sum. For a total velocity of 27,000 fps, launch can be made when the
target is from 6.1° ahead to T.4° behind the ferry, a spread or "launch
window" of 13.5°. For a 300-mile orbit, an orbital arc of 4° corre-
sponds to about 1 minute of orbit time; thus, the launch window is 13.5

divided by 4 or about 3%-minutes of time. A total velocity of 30,000 fps

is seen to increase the launch window to 61.8° or about 15 minutes of
time suitable for launch.

Circumstances of large holddown intervals.- Suppose holddown times
go beyond the launch window capabilities discussed in the preceding
section. Recourse is then simply to abandon the direct-ascent spproach
and make use of a scheme that is based on the two basic l1deas embodied
in figures 4 and 5. In figure 4 the heavy curve represents the inter-
section of earth surface with the orbital plane of a target which was
launched in an essentially east-west direction. For this case the
launch site is found to be very close to the orbital plane for four
successive orbital passes of thg-:arget, or to put it another way, the
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launch site is near the orbital plane for a time interval of as much as
h% hours; this nearness condition is desired so that rendezvous ascents

can be made without excessive fuel penalties. With this factor in mind,
the procedure would be to launch the ferry at any time that it is ready

during this %- hour period so as to intercept a point in the orbital

path of the target, with no regard being given to where the target is
(in other words » the launch window is in this manner increased for
times up to several hours). Instead of injecting the ferry at full
orbital velocity, however, an incremental velocity AV is held back

at apogee, which thus causes the ferry to go into a chasing orbit,
depicted by the inner orbit on the right of figure 5. Because of the
shorter orbit period, angular position is made up on each revolution.
After the angular position has been made up, the velocity increment

not previously used is then added; there is therefore essentially no
fuel penalty over that required by s direct ascent rendezvous. As an
illustration, consider the curves on the left of figure 5, which apply
to the case of a 300-mile circular target orbit. For an angular posi-
tion error of about 11°, which corresponds to a launch time miss of

2.8 min., the results indicate that a holdback velocity of about 250 fps
will mske up this angular deficiency in one revolution, or that 22° will
be made up in two revolutions, and so forth. From the scale on the
right, Ar 1is also determined to maske sure that the ferry doesn't dip
back toward the earth too much; for the example treated, Ar is

170 miles, giving a minimum altitude of 130 miles, which should be
satisfactory. Hence, by employing launchings of the due east type

and through use of chasing orbits, the launch window has been increased
up to several hours. It should be mentioned that parking or suborbits
can be employed in a similar manner, with a little better make up in
time.

Terminal Guidance

Basic terminal phase schemes.- Essentially there are two basic
schemes for performing the terminal phase of rendezvous, one based on
proportional navigation or fire-control viewpcint, the other on orbital
mechanics. (See fig. 6.) Orbit path is shown on the left, and the
relative motion of the ferry as seen from the station is shown on the
right.

In the proportional navigation scheme the rate of rotation of the
velocity vector is controlled in proportion to the angular rate of the
line of sight. With reference to rendezvous studies, it is perhsaps
more gpproprlate to call this a constant bearing navigation scheme,
since generally conditions are sought where the line of sight remsains
stationary in space; an inertially fixed set of axes is implied in this

scheme.
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The orbital-mechanics scheme is based essentially on the homogene-
ous equations of motion in a reference frame fixed to the target. These
equations are solved to determine the proper course to rendezvous;
impulsive corrections are given to put the ferry on a collision course,
and a final impulse is given at intercept to match velocities.

Both systems require onboard sensors, such as radar or optical
devices (or a man), to measure range, range rate, and angular rate of
the line of sight. Either piloted or automatic control may be used,
and thrusting (or braking) may be variable or of the on-off type.

Braking logic.- Figure T depicts the braking logic that may be used
in the proportional navigation case. The principal idea is first to
null the angular rate of the line of sight, which thus puts the ferry on
a collision course to the target. A one-directional braking maneuver
along the line of sight can then be used; a braking schedule often used
is based on the simple one-dimensional acceleration law

_R®
2R

a

For path 1, the angular rate of the line of sight has been nulled;
a drift at constant R is then allowed until conditions satisfying the
chosen accelerastion law are met; at this point the rocket motors are
turned on, resulting in a perabolic phase-plane path to end up simul-
taneously with R =R = O at rendezvous. In path 2 (on-off control),
after initial nulling of the angular rate of the line of sight, drift is
allowed until an "on" line is reached; thrusting then occurs till the
"off" line is reached. Action is repeated in this sequential fashion
until rendezvous is completed.

For path 3, most of the range rate, as well as the angular rate of
the line of sight, is nulled simultaneously in the initial maneuver.
This procedure is the most efficient as regards fuel, but the time to
rendezvous is lengthened considerably, because of the very low R. 1In
path 4 range rate is increased in the initial maneuver; this procedure
shortens the time to rendezvous but at the expense of some fuel.

The paths depicted are basic for either manned or automatic
operation.

PILOT'S PERFORMANCE

As a check on the ability of either a manned or an automatic system
to control the terminal phase of rendezvous, a number of analytical and
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simulator studies have been made. In general, it was found that either
system could be used quite successfully. A quick review will be given
here of some of the piloted studies. Figure 8 is a picture of one of
the cockpit setups employed, showing the instrument display and
controls.

Figure 9 presents fuel-consumption results as obtained in a number
of different test runs conducted by different people including airplene
pilots, engineers, and even secretaries. The actual amount of fuel
used, presented in terms of incremental velocity (100 fps requires a
fuel consumption of roughly 1 percent of ferry mass), is plotted against
the actual AV required; the AVR corresponds to the ideal initial

maneuver wherein both the R and normal velocity AVy (which is the
velocity due to angular rate of the line of sight) are nulled simul-
taneously. The range of AV used in repeat runs and by various pilots
is shown by short horizontal ticks. The circled points indicate the
fuel that would be used if AVy is first canceled, and then R. The

average value used, as shown by the longer horizontal ticks, indicates
that in the more severe cases pilots have a natural tendency to cancel
out some of the range rate as well as AVy 1in the initial maneuver.

In general, it is seen that the average fuel consumption is only about
1 percent greater than that actuslly required, so that a very good
performance capability of a manned operator is indicated.

Simplified terminal phase schemes.- Studies have also been made to
see to what extent the electronic equipment, sensors, and such devices
could be simplified or even eliminated. The following typify some of
the results obtained in terminal phase similation by use of visual
techniques. The studies were made in an inflatable planetarium
(fig. 10) by the setup depicted schematiecally in figure 11. In this
scheme the basic idea is that angular rate of the line of sight can be
determined by visually noting the motion of the target relative to the
star background. Thus, only range and range rate need be supplied by
instruments. On the left is shown the pilot's seat, the star projector,
and the collimated beam and mirror setup which produces the target
light; note that this signal is a flashing light so that it may be
easily distinguished from the stars. The rotating mirror is driven by
the analog equipment which simulates the relative motion of the ferry
and the target. On the right is depicted the motion of the target as
seen by the pilot. In operation the pilot simply rolls the spacecraft
so that the relative motion appears either horizontal or vertical to
him; he then fires a transverse rocket until the motion stops. He has
thus nulled all the angulsr rate of the line of sight and is on a
collision course. Then, by use of the R and R instruments he
brakes to rendezvous as before.

T
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A typical simulation for a very severe test case is shown in fig-
ure 12. The "drunkard's walk" pattern simply shows that during braking
some angular motion reappears because of residual misalignments, but
despite the severity of the case, final rendezvous was accomplished
with relative ease.

In passing it is remarked that a scheme has also been advanced for
eliminating the R and R instruments. All that is necessary is a
stop watch and a telescope containing a grid for indicating angular
displacement of the target. By measuring the time necessary to traverse
geveral angular segments, the pilot can deduce R and R by simple
geometric considerations, and thus have the necessary information to go
into a braking schedule.

Docking and Discerning Objects in Space

The docking problems of rendezvous are perhaps the least well
understood. A number of mechanical schemes and gadgets have been
advanced and some studies of contact dynamics have been made. The gen-
eral feeling 1s that docking presents no major obstacle, but perhaps
the most pertinent comment that can be made about docking at this time
is that a flight experiment is needed to help define what the problems
really are.

Apart from the kinematics and dynamics of docking, a problem of
discerning obJjects in space may also be present. A gquestion that is
often raised is whether a person in space can see objects near him.
That 1s, depending on the placement of the person himself, the object,
or various objects, the sun and nearby planets, can he discern the
object, tell whether it is between himself and snother object, tell
whether it is coming toward him or going away, etc.? These questions
are of course of vital concern in rendezvous operations, especially if
visusl techniques are employed.

For the purpose of gaining some insight into these questions, some
visual studies were made of different objects with various finishes;
the lighting condition simulated was that of an object in an assumed
black void of space with sun lighting from the rear of the observer.
Figure 13 shows some of the results; figure 1%(a) applies to spheres of
equal size but with various finishes; figures 13(b) and 13(c) to cylin-
drical cans simulating booster casings in space, and figure 13(d) shows
an unlighted ordinary light bulb, a golf ball, and a Christmas tree
ornament. In general, objects with painted or rough surfaces stand out
well and, as expected, the polished objects were least distinguishable.

_Sadin—
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Thus, with properly painted patterns, objects in space should be
quite discernible. For nighttime rendezvous, where visual techniques
are intended, colored flashing lights such as are carried on airplanes
and boats, and flashing spotlights should be quite sufficient to deter-
mine motion and attitude of a target for rendezvous.

CONCLUDING REMARK

Probably the most importent conclusions to be made are that rendez-
vous appears technically feasible and that both manned control and suto-
matic control are practical. A further point that must be made with
respect to the merit of rendezvous is that by orbital assembly of units,
rendezvous offers a very flexible and versatile means for performing
space missions, or for making possible missions which could not other-

wise be made.
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LUNAR LANDING CONSIDERATIONS
By Maxime A. Faget

NASA Space Task Group

The design mission for Project Apollo is now set as s lunar
landing. This paper will be a discussion of the considerations and
problems associated with landing & manned spacecraft on the moon,
staying there a short Period, and then returning from the lunar sur-
face. It is not intended to set forth in & detailed manner how this
can be done. As a matter of fact, there are a number of problem areas
needing more analysis, experimental work, and just plain facts before
some details of the landing can be decided upon or properly argued
about. However, there are other aspects of the operation that seem
suitable for serious consideration. It is hoped that a discussion of
these and the associated problems will help focus attention on areas
of work that need immediate effort in order to clarify the situation.

The general considerations and problem areas associated with
landing men on the moon which will be discussed are as follows:

(1) How should the approach and landing be made?

(2) What abort capabilities are required in the event the mission
must be terminated?

(3) How long should the crew stay on the moon?
(4) What are the return maneuver considerations?

(5) What significant environmental factors must be considered?

(6) How can the crew best be used and what factors are associated
with this desire to use the crew?

Figure 1 will be used to provide a means for discussing the landing
and return maneuvers and the possible abort situations.

If it were desired to provide complete protection against propul-
sion system failure during both the landing and return maneuvers, an
additional redundant propulsion system having sufficient energy to pro-
vide the approximate 9,000 feet per second needed for either of these
maneuvers would have to be carried unused throughout the mission. This
would more than double the payload requirement for the launch vehicle
and for this reason 1s considered impractical. An alternate scheme is

“
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to place extreme emphasis on reliability, at the sacrifice of perform-
ance in the return propulsion system. In this case, high performance

in the landing propulsion system may still be emphasized since the return
propulsion system provides protection against failure.

In examining the maneuvers in the vicinity of the moon, keep in
mind the use of the return propulsion system for emergencies during
landing and that the landing site will undoubtedly be located on the
side visible to the earth in order to provide communications during the
period on the moon. The approach to the moon will be along hyperbolic
paths as shown in figure 1. The approach path can either lead directly
to the moon's surface or to a maneuver into a low orbit around the
moon. The direct approach which appears attractive for unmanned flights
is not recommended because of the following reasons:

(a) To abort from a failure would require more energy than would
be needed for a normal return; thus, an oversize return propulsion sys-
tem would be requlred.

(b) The direct approach to the lunar surface would require vari-
able thrust engines so zero velocity and zero altitude can be achieved
simultaneously.

(¢) The requisite precision in timing and control would minimize
the effectiveness of the crew in monitoring the maneuver.

(d) This approach limits the cholce of landing area.

On the other hand, the orbital approach will be similar to previously
completed lunar-orbital missions.

Landing from an orbit will, therefore, be discussed in some
detail. It would seem best to carry out this maneuver in a number of
steps. The first step would be one of obtaining the proper orbit. The
next is descending from orbit to a standstill a short distance above
the moon's surface, and the final step is making a hovering descent to
touchdown. The transfer maneuvers from hyperbolic velocity to the ini-
tial orbit must be done on the backside of the moon as shown. Unless
it is desired to land approximately 180° from this point, it would seem
best to flirst enter into a circular orbit and then if a low perlgee over
the landlng point is desired, a second transfer maneuver may be made.
From an energy standpoint there seems to be little to be gained by
making the initial orbit less than 100 miles above the lunar surface;

at the same time, it appears that such an orbital altitude i1s within
the guidance system capability.

The descent from the 100-mile circular orbit can be carried out
either directly or by first transferring to an orbit with perigee close
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to the surface in the vicinity of the chosen landing area. How many orbits
should be used, and how low should be the final pass over the landing
area, may be determined only after the completion of detailed mission

analysis. It might be mentioned, however, that with only 3% -percent

penalty in characteristic velocity, the descent from the initial
100-mile circular orbit can be made with the landing area in line-of-
sight during the complete maneuver. This would meke it reasonable to
consider landing during the first or second pass if it-becomes desirable
to reduce the mission time and if suitable electronic beacons have been
previously located in the landing area.

If it is desired to make a direct return sbort during the landing
maneuver, the landing area should be to the right of the limit line
shown in figure 1, otherwise the energy requirements may exceed the
return propulsion system capability.

Figure 2 shows a typical descent maneuver from a low perigee orbit
(100,000 ft) and with a propulsion system burning hydrogen and oxygen
at an initial ratio of thrust to earth weight of 0.2. Shown in the
figure are altitude and vertical-velocity time histories. The optimum
maneuver was determined by the calculus of variations and is similar
to backing down an optimum launch maneuver. The preferred maneuver
differs from the optimum one in that it is shaped to achieve the final
altitude of approximately 100 feet with no residual vertical velocity
10 seconds prior to cut-off. This eliminates the need for thrust level
control (throttling) and provides a maneuver which can be more easily
followed and monitored by the crew. This departure from the optimum
maneuver would result in the use of 1/2 percent more fuel.

The period of time on the moon will be dependent on a number of
yet undefined problems and requirements. Operationally, it appears
desirable to have the capabilities to remain for a period in excess of
2k hours in order to avoid imposing restrictions on return transit time
and trajectory, since this would allow for & full rotation of the earth.

For return from the lunar surface the maneuver can be direct or by
way of a parking orbit. The parking orbit route has the advantage of
duplicating a return maneuver which will have been made in previous
Apollo flights. The direct return maneuver, on the other hand, elim-
inates the hazard of one maneuver at a time when there is no emergency
propulsion. From a performance standpoint, the parking orbit is favored
for low-thrust propulsion systems. From a navigation and guidance
standpoint, there would seem to be little reason to prefer one method
or the other. 1In either case, an inertial system tuned to the moon's
gravity field would be needed for the landing maneuver as well as the
return. However, 1t seems reasonable to expect the same inertial system
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used for other phases of the mission could be easlly provided with this
capability.

Figure 3% simply shows the expected general arrangement of compo-
nents when the Apollo vehicle is provided with lunar landing capability.
The landing propulsion system is attached behind the launch propulsion
system which is, in turn, attached to the command module. With this
basic arrangement, a number of various landing configurations suggest
themselves.

Three of the more interesting hovering and landing configurations
are shown in figure 4. The hovering and landing phase will start pos-
sibly 100 to 200 feet above the moon's surface at termination of the
deceleration and descent from orbit. Since the engines used for these
maneuvers will be of a thrust level that greatly exceeds the terminal
maneuver requirements, it seems desirable to provide a separate propul-
sion unit for this. The hovering and landing propulsion will also
require thrust level control which will not previously be required. An
extended period of hovering is not too costly because of the low gravity
level on the moon. For instance, each hovering period of 1 minute would

require a weight increase of 3% to 4 percent if a storable system were

employed. Hovering periods on the order of 1 minute would seem adequate
from helicopter experience for providing some choice of touchdown points
and for reasconable rates of descent.

The particular arrangements in figure 4 are essentially self-
explanatory. The configuration in the upper part of this figure shows
the spacecraft landing in about the same attitude that it is in at
termination of the deceleration maneuver. This configuration also has
the advantage of a short landing gear. The configuration on the left
shows the case for turning the spacecraft up prior to landing. This
configuration has the advantage that the hovering and landing engine
may be started prior to the termination of the deceleration maneuver.
It also provides a vertical launch attitude. The configuration on the
right shows the case where staging has taken place prior to the hovering
and descent maneuver. In this case, the part of the launch propulsion
system may be employed for hovering and a system could be eliminated.

Up until this point, the landing has been discussed from the stand-
point of maneuver control and performance. Right up to the actual con-
tact with the moon surface, a fairly positive analysis can be made. In
going beyond this point, a great deal of uncertainty is involved because
of insufficient factual information. This situation must improve. It
is planned to obtain data from unmanned lunar missions such as Surveyor.

The significant environmental factors for the lunar landing and the
period on the moon are as follows:
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(1) Surface characteristics
(2) Surface temperature
(3) Light (sunshine or earthlight)

The surface characteristics are important from the standpoint of landing
gear design and from the standpoint of the effect of the jet on loose
surface materials, such as dust and rocks. These could damage the
spacecraft or interfere with vision and radar. Experimental programs
duplicating full-scale conditions are needed in this ares.

The surface temperature of the moon is shown in figure 5. It is
Plotted as an angular variation from the position where the sun would
be directly overhead toward sunset and night. The temperature varies
from 250° F to -250° F with a very sharp gradient at dusk. The temper-
ature 1s significant only from the standpoint of conduction of heat to
things in contact with the surface and for radiation to areas facing
the surface. Although it is possible to plan the mission to cater to
a desired surface temperature, it would appear that spacecraft, pres-
sure sults, and other equipment can, if necessary, be designed to meet
the extremes of this environment.

The mission may also be considered from the standpoint of lighting.
Both the sun and the earth are sources of light. The earthlight on the
moon is two orders of magnitude brighter than is moonshine on the earth.
For a full earth with nominal cloud cover, the light from the earth
amounts to 1.6 lumens per square foot. This is equal to the light
obtained from a 100-watt bulb at 9 feet. There may be some advantage
in operating in earthlight as opposed to sunshine since it will be less
difficult to fill in the shaded areas with supplemental light.

Some human factors aspects considered are:

(1) Use of crew

(2) Visusl consideration

(3) Displays

(4) sitting position desired
It is felt that proper planning of the systems and operations to utilize
the capabllities of the crew will greatly enhance the probability of
success. The hovering and landing should be in direct control of the

crew in order to be able to choose and maneuver the spacecraft to the
most desirable touchdown point. It is possible that the crew could be
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used to conduct other maneuvers (ref. 1). In any event all maneuvers
should be planned with crew supervision in mind.

The spacecraft should afford good direct vision capability for
the hovering and landing maneuver. Since the vehicle will be going
propulsion-end first during the deceleration from orbit it will be
difficult to provide direct vision ahead and it may be necessary to
rely on a closed-circuit television system.

The effectiveness of the crew will be largely dependent upon the
proper display of useful information. The X-15 pilots, for instance,
rely heavily on theilr display throughout the approach and landing. The
display must include altitude and sink rate. ILateral and longitudinal
drift rates during hovering are also desired. Suitable displays for
monitoring maneuvers into and out of orbit such as those described in
reference 1 must also be included. Such display requirements, however,
seem compatible with those of other mission phases.

Experience with VTOL aircraft and with helicopters strongly indi-
cate that a properly oriented seated position is desirable. The hori-
zontal landing configuration naturally affords this position. The
other configurations could be arranged to temporarily place one crew
member in this position for the landing maneuver.

In summary, it would appear that it is reasonable to plan the
lunar landing misslon up to the point of actual contact with the moon's
surface. Details of the landing gear arrangement and definition of the
effect of the lunar environment on the operation and equipment while on

the surface of the moon must awalt more factual data, simulation exper-
iments, and analysis.
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LUNAR TRAJECTORY ANALYSIS

By William J. Pragluski, Donald H. Novak,
and A. Lawrence Guess

The Martin Company
SUMMARY

This paper defines the basic problem in synthesizing circumlunar
trajectories. It also presents a brief discussion of the problem and
describes how the cataloging of an entire subgroup of circumlunar
trajectories, satisfying typical injection and reentry conditions, has
permitted a systematic and complete study to be made of the interplay
of many parameters influencing Apollo missions. Flexibility of opera-
tional concept costs little because of the extreme sensitivity of the
trajectories. Thils sensitivity also makes accurate midcourse naviga-
tion and steering vital.

SYMBOLS

iVTE inclination of transearth vehicle trajectory plane with
respect to moon's orbital plane

1 inclination of translunar vehicle trajectory plane with
VTL .
respect to moon's orbital plane

] angle defining moon lead angle at injection

v angle defining in-plane injection position

90 angle defining in-plane return vacuum perigee position

ho injection altitude

70 injection flight-path angle

Ry distance from earth center to moon center

iEQTL inclination of translunar plane with respect to equator
iEQTE inclination of transearth plane with respect to equator

i,
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DEFINITION OF PROBLEM

When one undertakes to synthesize a trajectory for a manned lunar
mission, the following factors play important roles in the trajectory
selection process:

(1) Launch-site location

(2) Allowable launch azimuths

(3) Injection altitude and flight-path angle

(%) Day of the lunar month

(5) Desired moon miss distance

(6) Flight time

(7) Return-base location

(8) Desired direction of approach to return base

The purpose of this paper 1s to report a systematic study of the rather
complicated interplay of all of these parameters. The data presented
are based upon completely ballistic circumlunar trajectories because

(1) Such trajectories are the most difficult since they are the
most sensitive to initial conditioms.

(2) Early Apollo flights will be circumlunar.

(5) In later flights, the translunar portion of flights to lunar
orbits or even to lunar landings probably should be flown as the out-
going legs of appropriate circumlunar trajectories in order to guar-
antee a "free return" in the event of a mission engine failure. This
return is free only in the sense that large corrective velocities will

not be required. The usual corrections of the midcourse type will be
necessary.

All trajectories are based on injection at an altitude of
760,000 feet with a flight-path angle ¥ of 3° and on a return to
earth with a vacuum perigee of 150,000 feet. These values were chosen
as typical of what launch vehicles could give on ascent and of what

would be required on return to hit a tolerable aerodynamic reentry
corridor.

F




Figures 1 and 2 indicate the geometry and terminology of the
problem.

DISCUSSION

The problem is restricted to the class of trajectories defined
previously; and for given angles of inclination of the outgoing and
return trajectory planes relative to the moon's orbital plane, the
total time of flight from injection to perigee is uniquely related to
the pericynthion altitude. Two such curves of total flight time as a
function of pericynthion altitude are shown in figure 3. These curves
represent the extreme cases of zero-inclination (or in-plane) trajec-
tories - one for direct and the other for retrograde return. All other
inclination combinations (for either direct or retrograde return) lie
in between. This relationship between time of flight and pericynthion
altitude for given outgoing and return inclinations is important, as
will be seen in the following discussion of factors influencing the
choice of these values.

It is possible to choose a trajectory which will include any pre-
selected earth landing site in its return plane. Such a procedure
obviates the need for any lateral maneuvering during atmospheric
reentry to guide the spacecraft to this site. The right combination
of moon lead angle, injection position, and velocity in any outgoing
plane needs only to be found in order to achieve any desired inclina-
tion of the return plane relative to the moon's orbital plane. The
exceptional cases of zero inclination to the moon's orbital plane are
excluded. Once the space planes (giving the inclinations) out and back
have been chosen, the discrete times at which the landing site will
rotate into the return plane can be identified. Then, the corresponding
curve of the family represented in figure 3 will give the pericynthion
altitudes commensurate with each of these discrete times.

The direction of approach to the landing site is important from
the standpoints of ground tracking and recovery operations. Although
it is true that any return inclination relative to the moon plane can
be achieved and that this allows all points on earth to be reached
with no lateral maneuvering, in general it is not possible to approach
all landing sites from any arbitrary direction. The geometry of this
problem is shown in figure 4. The moon's orbital plane is inclined to
the earth's equatorial plane at an angle which slowly varies between
about 18.5° and 28.5°. Therefore, if the spacecraft should be at peri-
cynthion when the moon is sufficiently far from either of its nodes,
then the lowest return inclination relative to the equator that the
vehicle can achieve is roughly equal to the moon's declination at peri-
cynthion. If the landing-site latitude should be less (nearer the



equator) than the moon's pericynthion declination, then the landing-
approach direction will be limited at this time of the month. The
least favorable situation occurs when the moon plane is inclined at the
maximum value of 28.5° to the equator, because the moon at maximum
northerly and southerly declinations would permit minimum return incli-
nations of only 28.5°. If unrestricted operation on any day of the
lunar month is desired, the landing site should be chosen above 28.5°
north latitude or below 28.5° south latitude.

The moon's position and the moon's orbital inclination to the
equator together with the approach direction specify the in-plane
reentry longitudinal maneuver requirements. If, for example, a single
site is chosen at Edwards Air Force Base, California and the return
trajectory is restricted to an inclination of 35° from the southwest
along the Pacific Missile Range, the required range from the reentry
point to the landing site will vary from 3,300 to 10,000 nautical miles
during the lunar month, the assumption being made that the moon's
orbital inclination is 28.5°,

On the other hand, if the return base were on the equator and no
return inclination restriction existed, then the reentry range require-
ment would vary from O to 2,000 nautical miles during the month. The
2,000-mile range would correspond to a polar return from the moon at
maximum declination at pericynthion.

The unique specification of the translunar trajectory requires
that the spacecraft arrive at the injection point with a prescribed
velocity and precisely at the correct time. Therefore, for a launch
of a specified launch vehicle from Cape Canaveral, it is not possible,
in general, to find a launch time that would allow a direct powered
ascent to injection to be flown. It is necessary, therefore, to launch
into an appropriate parking orbit as the Cape rotates into the desired
orbital plane. Then, from this parking orbit, another powered phase
could accomplish the simultaneous matching of the prescribed velocity
and position at the correct time.

Range safety, tracking facilities, and abort-recovery considera-
tions for the launch site, when taken together, limit the allowable
launch azimuth to a definite sector. Orbits within this sector will
have different inclinations relative to the moon plane, depending upon
the time of the month. Taking advantage of the inclinations available
results in a very effective way of obtaining a large launch-time toler-
ance with payload penalties on the order of only 1 percent. This
tolerance has been evaluated as a function of day of the lunar month
for the case where injection into the translunar orbit is made from
the ascending portion of the parking orbit. The launch-azimuth varia-
tion at Cape Canaveral is from T70° to 110° from true north. This
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spread corresponds to a trajectory-inclination variation from 28.59°

to 34.2° with respect to the equator. Figure 5 shows that this varia-
tion gives nearly a 5-hour tolerance throughout the month. It is clear
that, if the launch-azimuth variation is not symmetrical about 90°, the
launch-time tolerance becomes dependent upon the day of the month. If
the injection point into the translunar orbit is made on the descending
portion of the parking orbit, the total launch-time tolerance obtain-
able is exactly the same as that shown in figure 5, except that the
launch-azimuth variations from T0° to 90° and 90° to 110° are reversed
from those shown.

For a launch-azimuth variation of 90° to llOo, a reasonably large
tolerance could be obtained by injecting into the translunar orbit on
the ascending part of the parking orbit for moon positions between the
descending node (maximum south) and the ascending node, and by injecting
on the descending part of the parking orbit when the moon is between
the ascending node (maximum north) and the descending node. The azimuth
sector from 90° to 110° is superior to the sector from 70° to 90° from
the standpoint of exlsting tracking facilities.

Since the technique illustrated employs a variable translunar
orbit plane inclination, its use may mean a variable pericynthion alti-
tude with delsy time on the ground. The variation will depend upon the
details of the situation but can be on the order of 50 nautical miles
per hour delay time.

This variation in pericynthion altitude with hold time on the
ground can be eliminated by fixing the translunar trajectory and by
utilizing other techniques to obtain a launch-time tolerance. The most
flexible of these schemes involves trajectories coplanar with the moon
plane. Even with this restriction, the cost of launch-time tolerances
comparable to those shown in figure 5 exceeds 10 percent of the space-
craft weight. 1In addition to this penalty, this technique suffers a
loss of mission flexibility and of return-base positional freedom.

TYPICAL RESULTS

The points Jjust discussed will be illustrated for the particular
case of a 359 inclination to the equatorial plane at injection for all
translunar trajectories and all days of the lunar month. The injection
point was reached after coasting along a parking orbit which originates
at Cape Canaveral. Since the inclination of the parking orbit is
greater than the inclination of the moon's orbital plane to the equa-
torial plane (28.5°), there is a choice, any day of the lunar month,
whether to inject onto the translunar trajectory from either the
ascending or descending portion of the parking orbit. The transearth
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trajectory can approach the return vacuum perigee from any direction.
Figures 6 and 7 show the return-trajectory vacuum perigee as approached
from either the north or south in a direct direction so that the tra-
jectory is inelined 35° to the equatorial plane. Figure 6 represents
an injection into the translunar orbit from the descending portion of
the parking orbit, and figure 7 represents an injection from the
ascending portion. Dats are presented at pericynthion altitudes of
300, 500, 1,000, and 1,500 nautical miles for moon pericynthion posi-
tions at the ascending or descending nodes. Moon positions at the
maximum northerly and maximum southerly declinations are shown for

the pericynthion altitude of 500 nautical miles, and the results shown
are typical of the data from all altitudes.

The definite relationship between the pericynthion altitude and
the transearth-trajectory vacuum perigee position can be seen in fig-
ures 6 and 7. A comparison of the 500-nautical-mile data in these fig-
ures shows an important distinction between northward and southward
injections. If the transearth trajectory is to return from the south-
west toward the northeast to a single return base, the northward injec-
tion trajectories required during the lunar month can be flown to
approximately the same pericynthion altitude. If, for example, the
return base is Edwards Air Force Base, California, the required peri-
cynthion altitude is approximately 250 nautical miles (or alternatively
2,100 nautical miles). The actual pericynthion altitude as a function
of the day of the lunar month is shown in figure 8. If a southward
injection is used for the same example, the required pericynthion alti-
tude will vary from approximately 600 nautical miles when the moon is
at its most southerly declination to approximately 1,300 nautical miles
for the most northerly declination when the spacecraft reaches peri-
cynthion. The opposite characteristic would occur if, for example,
the return base were in Australia and the transearth-trajectory vacuum
perigee were approached from the northwest. In this case, the south-
ward injection would require trajectories with a pericynthion altitude
of approximately 100 nautical miles throughout the lunar month, whereas
the northward injection trajectories would require pericynthion alti-
tudes varying between approximately 300 and 1,000 nautical miles.

The illustrations given in figures 6 and T have fixed both the
translunar orbit plane inclination at injection and the transearth
orbit plane inclination at perigee at 35° to the equatorial plane.
Therefore, the discrete vacuum perigee positions shown correspond to
the single points from the time-of-flight curves of figure 3 at the

iven altitudes. If the outgoing inclination remains fixed at %50
%with injection toward the north) but the return inclination is allowed
to vary, the loci of return perigee positions, corresponding to cuts
at given altitudes across the flight-time curves, appear as the curves
shown in figure 9. Data are presented for the moon positioned at the
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descending node for pericynthion altitudes of 300 and 1,000 nautical
miles and for the moon at its most southerly declination for a peri-
cynthion altitude of 1,000 nautical miles. As can be seen, there is

a wide variation in the longitude of the transearth-trajectory vacuum
perigee as the inclination of the return trajectory is changed from
direct to retrograde from either the north or south. This variation
in the longitude does not change appreciably with day of the lunar
month but does increase appreciably with pericynthion altitude. It is
simply a manifestation of the flight-time characteristics shown in
figure 3.

The relationships illustrated have been between the transearth-
trajectory vacuum perigee position and the pericynthion altitude, day
of the lunar month, and inclination of the transearth trajectory at
perigee to the equatorial plane. The last parameter to be considered
is the inclination of the translunar orbit plane at the injection point.
An example of its effect is shown in figure 9 for a pericynthion alti-
tude of 300 nautical miles and a pericynthion moon position at its most
northerly declination. The translunar-orbit-plane inclination is fixed
at 30° and 40° and the transearth-orbit-plane inclination is varied.

The variation of the loci of the transearth-trajectory vacuum perigee
points with translunar-orbit-plane inclination is not as regular as

the trends shown in the previous examples. The trend of eastward or
westward shift in the return-trajectory vacuum perigee position depends
upon the pericynthion altitude as well as the inclination of the
transearth-trajectory plane. Since the effect of translunar-orbit-plane
inclination is not as important as the other trends presented, it will
not be covered in any more detail at this time.

If all the computations required to carry out the trajectory
cataloging program necessary to this study were done by numerical inte-
gration, the amount of machine running time would have been prodigious.
The computation actually involved a process of piecing together
Keplerian (or two-body) orbits valid within appropriate volumes of
influence surrounding each gravitating body (the earth and the moon).
Since the explicit form of these solutions is known, there was no need
for numerical integration, and use of these solutions effected a great
saving of machine time. Of course, the approximation involved in the
mathematical model raises a question concerning the accuracy of the
results. Although it is true that the inexact trajectories deviated
considerably from the exact ones far away from either of the large
bodies, the focusing effect of these force centers made the trajec-
tories coincide closely in the immediate vicinity of the earth and the
moon. Since it was 1in these close-in regions that the problem con-
straints were imposed, the approximate injection conditions agreed
accurately with the exact values, and the sensitivities were virtually
the same. In fact, these results have been used to "ball-park" the
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initial conditions for any given case with sufficient accuracy that

only a very few iterations were required to "home in" on the integrated
trajectory.
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ABORT CONSIDERATIONS
By Robert V. Battey

General Dynamics/Astronautics
INTRODUCTION

One of the guidelines in the design of the Apollo vehicle is that
the vehicle must be capable of returning the crew safely to earth after
an abort at any time during the launch trajectory. There are three
areas of concern for any abort maneuver: separating from the launch
vehicle, reentering safely, and controlling the landing range. The
propulsion systems proposed to fulfill the requirements of these areas
of concern include:

(1) An escape tower with two thrust levels and an attitude control
system for separating the spacecraft from the launch vehicle in the
atmosphere

(2) A small solid propellant rocket, in addition to the launch
vehicle retrorockets, for separating the Apollo vehicle from the launch
vehicle above the atmosphere

(3) Two 15,000-pound thrust engines with enough propellants for an
ideal velocity of at least 4,000 feet per second for reentry and landing
range control.

Figure 1 shows the launch-trajectory profile used for determining
the abort requirements. This launch trajectory used a parking orbit at
an altitude of 100 nautical miles. The use of a parking orbit not only
permits the size of the launch window to be increased, but also allows
the same trajectory profile to be flown for any hold time, thereby
greatly simplifying the task of predicting reentry conditions and
selecting landing areas.

The study was divided in accordance with several phases of the
launch trajectory: aborts in the atmosphere, vacuum aborts before the
parking orbit, immediate return aborts at supercircular orbital veloc-
ities, and nonimmediate return aborts for the remainder of the launch
trajectory. The important aspects of an abort in each of these areas
are discussed in detail.

—
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ATMOSPHERIC ABORTS

The atmospheric portion of the trajectory is shown as figure 2.
The most difficult task for aborts which might occur in the atmosphere
will be getting away from the launch vehicle. Since the launch vehicle
has relatively less drag than the escape vehicle, merely separating
from the launch vehicle will not be sufficient. The escape vehicle must
be able either to outrun the launch vehicle or to get off to one side
and let the launch vehicle go by. The escape tower proposed in this
study would provide enough impulse to keep it ahead of a tumbling launch
vehicle, as well as an attitude control system which would enable the
escape vehicle to get out of the way of the launch vehicle. Other
important functions of an attitude control system would be to prevent
the escape vehicle from tumbling and to eliminate high normal accelera-
tions during the abort maneuver.

Figure 3 shows the axial acceleration as a function of time of
spplication which would result for an off-the-pad abort, for an abort
at maximum drag, and for an abort in the upper fringe of the atmosphere.
The first thrust level was 100,000 pounds for 2 seconds and the second
thrust level was 50,000 pounds for the next 3 seconds with an escape
vehicle for which separation weight was 7,100 pounds, including a
2, 700-pound escape rocket.

The thrust levels are bounded by conflicting requirements. The
first thrust level must be high enough for rapid separation from the
launch vehicle for an abort at maximum drag while the accelerations are
kept as low as practical for off-the-pad and high-sltitude aborts. The
second thrust level should be set high enough to sustain separation
relative to the launch vehicle and to prevent the deceleration due to
drag from becoming excessive when the escape rocket burns out. If only
one thrust level were used, the deceleration at burnout could be more
than 12g. The reduced thrust of a second thrust level would reduce the
velocity required for a given separation distance and consequently
would greatly reduce the deceleration after escape rocket burnout.
There are several other advantages to using a reduced second thrust
level; namely, the duration of high acceleration loads 1s reduced, the
separation distance 1s greatly increased for a given total impulse, and
more time is available for maneuvering to avoid being hit by the launch
vehicle.

Figure 4 shows the separation distance produced by this configura-
tion for an abort at maximum drag. The altitude is plotted as a function
of range for the envelope of possible launch-vehicle travel and the path
of the escape vehicle. The envelope of possible launch-vehicle tra-
Jectories was obtained by simulating the trajectories of a launch
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vehicle perpendicular to the velocity vector and then alined with the
velocity vector. For the first approximation, it was assumed that the
launch vehicle would be somewhere along the constant time line con-
necting these two trajectories.

The escape vehicle was pitched down at a rate of 6° per second for
the first 2 seconds after abort to avoid the path of the launch vehicle,
and then was allowed to return to zero angle of attack during the next
5 seconds. This pitching maneuver would keep the escape vehicle ahead
of a tumbling launch vehicle. For example, 40 seconds after abort the
escape vehicle would be at the point indicated in figure 4 and the
launch vehicle would be somewhere along the 40-second line, approxi-
mately 2,000 feet behind the spacecraft.

VACUUM ABORTS BEFORE THE PARKING ORBIT

Figure 5 shows the portion of the flight between the atmosphere and
the parking orbit. This part is the easiest for a successful abort
because no propulsion is required to produce a satisfactory reentry.
There is a possibility that an abort during this phase would result in
excessive accelerations during reentry; however, the accelerations can
be limited to 10g by using the lifting capability of the reentry vehicle,
shaping the launch trajectory, or using the onboard propulsion system.

The onboard propulsion system can slso be used to reduce the number
of landing areas necessary during this portion of the launch trajectory.
With an impulse of 4,000 feet per second available, there are two unique
landing areas which could support an sbort at any time up to the parking
orbit. One would be 1,100 nautical miles and the other would be
2,700 nautical miles from Cape Canaveral. Figure 6 shows how these
landing sites could be reached from an abort at any time during this
portion of the launch trajectory. The center line assumes no impulse
was used. The top line shows the landing range if the entire impulse
of 4,000 feet Per second were used to accelerate the vehicle. The bot-
tom line shows the landing range if all of the onboard propellants were
expended as retrothrust to slow the vehicle down. An gbort Just after
the escape tower has been jettisoned would require s small posigrade
impulse to achieve the landing area 1,100 nautical miles from the Cape.
Aborts at later times would require less and less posigrade impulse to
reach this landing area until an abort at 280 seconds, at which time no
impulse would be required. After this time, increasing amounts of
retrograde impulse would be required to land at the landing area
1,100 nautical miles from the Cape until approximately 350 seconds from
launch. Beyond this time there would not be enough retrograde impulse
available to produce a landing at that site. From then on, & posigrade
impulse would be required to reach the landing site 2,700 nautical miles

from the Cape and so on.
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IMMEDIATE RETURN ABORTS

Figure 7 indicates the immediate return portion of the launch
trajectory. For an abort during or after the parking orbit, an impulse
must be applied at some angle to the velocity vector to depress the
perigee altitude into the atmosphere to prevent the vehicle from skipping
back out. Figure 8 illustrates how much impulse would be required to
produce a satisfactory reentry. The reentry flight-path sngle is
plotted as a function of the reentry velocity which would result for a
given impulse from an abort after the parking orbit. If the flight-path
angle at 400,000 feet is below the 10g line, the reentry acceleration
would be excessive. If, on the other hand, the flight-path angle is
above the overshoot boundary, the vehicle would skip out of the
atmosphere.

The solid lines in this figure form a family of reentry conditions
which would result from an abort Just at engine restart to leave the
parking orbit if increasing amounts of retrograde impulse were applied
at several angles of retrofire; namely, 0°, 20°, 40°, and 60°. For
example, 4,000 pounds of retropropellants expended at an angle of 400
down from the local horizontal would result in a reentry angle of about
-8.5° and a reentry velocity of a little over 23,000 feet per second.
These conditions would result in an acceleration of more than 10g during
reentry if the maximum L/D of the reentry vehicle was 0.5.

The dashed line is the locus of the steepest reentry angle which
could be produced with a retrograde impulse of 4,000 feet per second.
For the configuration studied, 1 pound of propellants would produce &
change of velocity of approximately 1 foot per 'second so these two
parameters are practically synonymous. Notice that 4,000 pounds of
propellants could not be expended at the most efficient angle without
producing accelerations of more than 10g during reentry until about
50 seconds after leaving the parking orbit.

At about 120 seconds after leaving the parking orbit, the centrif-
ugal force is enough greater than the gravitational attraction that all
4,000 pounds could be expended &t the optimum retroangle and the vehicle
would still skip back out of the atmosphere. From this time on, the con-
figurations studied followed a nonimmediate return-type abort trajectory.
That is, the escape vehicle would coast out to an apogee before
reentering.

The landing area control capability for aborts during the immediate
return portion of the launch trajectory varies greatly from the practi-
cally infinite range control while in the parking orbit to the range con-
trol capability of the reentry vehicle alone for sborts at the point where

w
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all available onboard propellants are required to prevent skip out. The
latter defines the landing area location.

Figure 9 shows the proposed abort landing areas as well as other
significant aspects of the launch trajectories used for this study. The
flight paths shown represent the four launch azimuths that the launch
vehicle would use for a 4-hour launch "window." These azimuths assume
a 15-minute launch attempt followed by a l-hour hold for refilling the
lox tank, another 15-minute launch attempt, and so on. The landing
areas for aborts prior to the parking orbit are as shown in this figure.
The landing area for the last point in the launch trajectory from which
an immediate return could be accomplished would result in a landing in
Africa for the two northerly launch azimuths, unless the maximum aero-
dynamic range capability of a reentry vehicle is used. The recommended
landing area for nonimmediate return aborts is Jjust south of Hawaii.

The impulse required to achieve a satisfactory reentry for a landing in
this area is shown in figure 10.

NONIMMEDIATE RETURN ABORTS

Nonimmediate return aborts are illustrated in figure 11. Impulse is
shown as a function of the velocity at the time of abort in figure 10.
For example, at a velocity of 32,000 feet per second, the vehicle is not
going fast enough to reach Hawaii. Therefore, a positive AV of
2,800 feet per second would have to be applied to power the spacecraft
into the ellipse which would provide a 6° reentry angle near the Hawaiian
landing area. An abort at higher velocities would require less and less
forward impulse until an abort near 34,000 feet per second would require
Just enough impulse to correct the reentry conditions. Aborts at
higher velocities would require increasing amounts of retrograde impulse
until injection into the lunar orbit, where a velocity of 2,700 feet per
second would be required.

The time to return to earth for this nonimmediate return abort
ellipse is dependent on the launch azimuth. A launch azimuth of 77°
would require about 9.8 hours, whereas an azimuth of 108° would require
only 6.7 hours.

After injection into the lunar transfer ellipse, the impulse
required to reach the Hawaiian landing area would be less than it was
at the point of injection. However, the time required to return to the
landing site begins to get quite large. For example, an abort at
50,000 miles altitude (6.72 hours after injection) would require about
50 hours to return to Hawail as compared with a minimum return time of

approximately 35 hours.
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One area of concern for nonimmediate return abort trajectories is
the radiation dose that the crew would receive from passage through the
Van Allen belts. The maximum dose rates which could result with the

vehicle studied were integrated and found to be under the maximum allow-
able dose limit.

CONCLUDING REMARK

The preceding discussion points up the need for an abort guidance
system in the Apollo spacecraft to determine the landing site to be used
for any abort and the impulse required for a safe reentry to land at
that site. However, the need for an emergency return might preclude
landing in one of the predetermined areas. In such an event, the crew

should have the option of overriding the guidance system and manually
controlling the return trajectory.
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A GUIDANCE AND CONTROL CONCEPT FOR LUNAR MISSIONS
By A. F. Bowen

General Dynemics/Astronautics

One of the Apollo design requirements is for onboard command of
the vehicle, which implies the ability to perform the mission without
the use of intelligence transmitted to the vehicle. This requirement
does not preclude the use of information from earth-based tracking and

computation, when available, but it does regulate the manner in which
it is used.

In order to provide onboard command capabilities, the major guid-
ance functions listed as follows must be performed by the spacecraft
system:

Injection guidance or monitoring

Abort guidance

Navigation measurements

Trajectory determination

Calculation of required corrections

Inertial guidance during velocity corrections
Inertial guidance during reentry

The launch guidance can be performed by an inertial guidance system
located either in the launch vehicle or in the spacecraft. In con-
sidering the possibility of abort due to a guidance failure, it proves
advantageous to perform the guidance function in the launch vehicle and
to monitor the trajectory with the spacecraft system. If an abort due

to launch vehicle guidance is necessary, the spacecraft system is intact
for abort guidance.

For abort during the launch phase, several recovery areas are
required, and the guidance system must select one on the basis of posi-
tion at the time of abort. Aborts inside the atmosphere, using the
abort tower, can be performed without closed-loop guidance. Aborts
occurring after the abort tower has been jettisoned require guidance
for adjusting the trajectory to hit a suitable reentry corridor and

also during reentry.
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In order to obtain information for establishing the trajectory of
the spacecraft, navigation measurements with respect to the earth and
moon are required. The following measurement methods are applicable:

1. An automatic center tracker can be used to determine the direc-
tion to the center of the disk by scanning the limb and thereby estab-
lish a line of position for the vehicle. For making measurements of
this type against the moon, the use of reflected solar radiastion is
most advantageous. Because of the low temperature of the dark side,
the self-radiation of the moon is not adequate for highly accurate
tracking of the lunar disk. The earth, however, can readily be tracked
by means of its natural radiation. Because of the blanketing effect of
the earth's atmosphere, the diurnal variation in the radiation tempera-
ture of the earth is small.

2. An automatic edge tracker can be used to measure the direction
to points on the limb. If the location of the point on the limb is
unknown, such a measurement defines a cylindrical surface on which the
vehicle is located at the time of the observation. It should be noted
that a measurement of this type conveys less information than one
obtained with the center tracker.

3. Optical instruments can be used to measure the direction to
points on the surface or limb. Each measurement on a known point
establishes a line of position, while each measurement on an unknown
point on the limb defines a cylindrical surfece, as with the automatic
edge tracker.

L. Optical instruments of the sextant type can be used to measure
the subtended angle between the limb and selected stars. Each such
measurement defines a conical surface on which the spacecraft is
located at the time of the observation.

5. Navigation data can also be obtained by observing the times at
which known stars are occulted by the earth or moon. Each occultation
defines a cylindrical surface on which the vehicle is located. The
occultation of a star by the moon may be observed by noting the time of
disappearance of the star behind the moon. Because of refraction in
the earth's atmosphere, a different method must be used to obtain use-
ful information from the occultation of a star by the earth. One suit-
able method is to detect the shift in apparent direction to the star as
the line of sight dips into the atmosphere.

6. Stadimetric ranging on the earth or moon disk provides useful
range data at ranges out to several times the radius of the observed
body. The measurement can be made with the automatic center tracker or

with a sextant.
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T. A radar altimeter provides more accurate altitude data than can
be obtained by stadimetric ranging. Ranges out to a few thousand miles
can be obtained with practical equipment.

In order to make use of the navigation measurements, trajectory
determination calculations must be performed. Each measurement, or set
of measurements, need not determine the position of the spacecraft.
Rather, a series of partial fixes taken over & period of time can be
used to determine the trajectory of the spacecraft. Statistical methods
are necessary to reduce the significance of random errors in the meas-
urements. At General Dynamics/Astronautics a recursive method is being
developed for performing a least-squares fit to all available trajec-
tory data. A slightly different technique is discussed in some detail
in a subsequent paper by Stanley F. Schmidt, John D. McLean, and
Gerald L. Smith.

For the calculation of required velocity corrections, two methods
apply. In the first method, a stored reference trajectory is employed,
and the velocity corrections keep the spacecraft near the reference
trajectory. The required corrections are calculated from linear pertur-
bation equations. In the second method, a general four-body trajectory
simulation is carried onboard for calculation of trajectories. By
iterating with the four-body simulstion, a trajectory which meets the
desired end-point conditions can be found and the required velocity
correction can be established. In comparing the two methods in detail,
the orbit-determination problem should also be considered if the same
method of generating trajectory data is used for these computations.
The four-body simulation provides far more flexibility with regard to
dispersions on launch time and injection conditions, abort trajec-
tories, lunar departure time, times for making observations and correc-
tions, and so forth. If the reference trajectory method is employed,
several trajectories must be stored to allow for such factors. If the
advantage of the reference trajectory method in reducing computations
is to be fully utilized, then a large quantity of information for each
reference trajectory must be stored.

During thrust application for velocity correction, the thrust
acceleration must be measured by an inertial system. For midcourse
corrections, a very simple guidance system could be used because the
magnitude of each correction is small and low acceleration is used.
For maneuvers with the spacecraft main engines, such as entering a
lunar orbit, closed-loop inertial guidance is desirable.

For reentry, the NASA requirements are for landing in a 10-mile-
square prepared area. In view of the limitations imposed by radio
blackout and vehicle maneuvering capabllities, inertial guidance seems
to provide the only practical means for achieving this objective. If
the initial conditions provided by the midcourse guidance system at the
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start of reentry are sufficiently precise, the landing in a 10-mile-
square area can be achieved with presently available inertial
instruments.

Figure 1 shows the block diagram of a system to perform the guid-
ance and control functions for a lunar orbit mission. The gyrostabi-
lized instrument platform serves as a mounting base for three linear
accelerometers and two trackers. One tracker is a combination star and
planet tracker operating in the visible spectrum, and the other is an
infrared horizon scanner. Both trackers are automatic in that they
track the center of the planet body and are separately gimballed rela-
tive to the platform. Precision angle pickoffs are used to read out
tracker angles relative to the platform. The visible spectrum tracker
is used for periodic alinement of the platform by star tracking and for
navigation sightings on the earth and the moon. The infrared tracker
is used for obtaining a position fix just prior to reentry into the
earth's atmosphere, and can alsoc be used near the moon against the
fully illuminated lunar disk. The accuracies of the instruments on the
platform are given in the following table:

Planet tracker, min . . . . . . + « ¢« + v 4t v v 4 e . oo . 1/3t01
Infrared horizon scanner, min . . . . « . « « o ¢ v « o . . . 6
Platform alinement (star tracker), min . . . . . . . . . . . 1/6

Gyro drift rates:

Fixed drift uncertainty, deg/hr . . . . . . . . . . . . .. 0.05

Mass unbalance uncertainty, deg/hr/g . . . . . . . . . . . 0.1

Anisoelastic coefficient, deg/hr/g2 e e e e e e e e 0.02
Accelerometer errors:

Bias uncertainty, g . . . e e e e e e e e e e e e e e 0.0001

Scale factor uncertainty, g/g e e e e e e e e e e e e e 0.0001

The estimated lo accuracy in measurement of each of the angles defining
the direction to the center of the earth or moon with the visible spec-
trum tracker is 1/3 to 1 minute, depending on the range. The subtended
angle can be measured to the same accuracy. Near the earth and moon,
the accuracy is degraded by terrain and cloud errors, oblateness, and
so forth. The infrared tracker is used very near the earth and is
assumed to have an accuracy of 6 minutes. The accuracy of alinement of
the platform with respect to the stars is 10 seconds, lo. The accu-
racies given for the inertial components are typical of today's state
of the art and are adequate for the lunar mission. The reentry phase
of the flight establishes the required accuracy of the inertial

components.
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The radar altimeter provides altitude measurements to an accuracy
of 0.1 percent at altitudes of 2,000 nautical miles or less from the
earth and the moon. The power required to obtain this range capability
is modest, amounting to about 200 watts.

A hand-held sextant provides a backup method for making navigation
measurements on the earth and moon. This instrument is similar to a
marine sextent and can be used to measure angles between the limb of
the earth or moon and selected stars and to measure the subtended
angles of the earth and moon. The accuracy obtalnable is comparable to
that of the automatic tracker, 1/3 to 1 minute.

Computations are performed on a central digital computer. A com-
bination general purpose and digital differential analyzer computer is
used. Typical operating times are as follows:

Add or subtract, usec . . (0
Multiply, wsec . . ¢ & ¢ v v i i e s e e e e e e e e e e e ... 80
Divide, pusec . . « « ¢ v . 0 0 L L e s e e e e e e e e .. 296

The estimated computer memory requirement is 10,000 words of permanent
storage for programs and constants and 1,450 words of temporary storage.
These figures include the four-body simulation and provision for pre-
launch checkout, star catalog, servicing the instrument platform, atti-
tude control, sequencing, displays, and so forth. The word length is
2k bits. Special attention to the reliability of the computer is nec-
essary. In addition to highly reliable components and design, some
form of redundancy in the computer is required.

The autopilot controls vehicle attitude and angular rates in
accordance with commands from the computer or the crew control panel.
Gimballed main engines and on-off rockets provide the control torques
during space flight. On-off rockets are also used for control of the
abort tower-vehicle combination during in-atmosphere aborts. Aerody-
namic control flaps are used during reentry. Analog control loops are
used, with rate gyros providing the damping. A simple sun tracker pro-
vides attitude feedback for orienting the vehicle with respect to the
sun for illuminating solar-cell panels and controlling temperature.

A strapped-down inertial system provides a capability for return
to earth in the event of failure of the inertial platform. This unit
contains three precision pulse-rebalanced rate-integrating gyros and

three pendulum accelerometers, and functions as a simple strapped-down
guidance system.

Integration of the crew into the guldance and control subsystem is
provided at several levels. Primary emphasis is given to the decision-
maeking functions of the crew and provisions are made for detailed
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operations to be performed at the option of the crew. TFor assistance
in meking decisions, adequate displays are provided. The periscope is
useful in manually controlling the vehicle and may be used for refer-
encing the strapped-down inertial system and for diverse other purposes.

For the lunar landing mission, a multiple-beam Doppler-radar for
measuring velocity relative to the lunar surface may be required, and a
radar beacon on the moon will be desirable.

The following table gives the weight and power requirements for
the system:

Weight, 1b Power, watts

Instrument platform . . . . . . . . « ¢« « . . 70 100
Platform electronics . . . . .« « « « « .« . . 18 170
Computer . « « ¢ v« & o o + 4 e 0 e e e e e 80 200
Autopilot electronics . . . . . . . . . . . . 40 50
Radar altimeter . . . . . « « . « + & o« . . 30 200
Backup inertial reference . . . . . . . . . . 20 50
Sextant . . . . . . . L . 0 0 0 0 e w0 e e 5 0
Sun tracker . . . . . 4 0 d h h d e e e e e 2 12

265 782

Average power drain: 532 watts

Total weight is 265 pounds and total power is 782 watts peak and
532 watts average. These figures do not include the on-off rockets,
actuators, guidance and control displays, and communications.

The accuracy of this system in performing a lunar orbit mission
has been analyzed through use of a digital simulation. Figure 2 shows
the accuracy at several points along the trajectory. The numbers given
in the figure are the standard deviations. The transfer time for this

trajectory is 3% days each way, and the outbound trajectory approaches

within 67 nautical miles of the moon. The accuracy at injection into

the outbound trajectory is based on the capability of the Centaur guid-
ance system. At a point 145,000 nautical miles from earth, the stand-
ard deviation in each component of the required velocity correction is

less than h% ft/sec. At a point 17,000 nautical miles from the moon,

the standard deviation in each component is less than 3 ft/sec. At the
approach pericynthion point where injection into the lunar orbit occurs,
the components of position and velocity are known to better than 1 nau-
tical mile and 2 ft/sec. At the start of reentry into the earth's
atmosphere, position is known to an accuracy of 6 nautical miles hori-
zontally and 0.1 nautical mile in altitude. Velocity is known to
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7 ft/sec in magnitude and 0.02° in direction. The flight-path angle
with respect to the local vertical 1s within an acceptable corridor
about 2° wide and is controlled to about 0.1°. In order to assure
landing within the 10-mile-square prepared area, radio assistance is
required after the radio blackout portion of reentry is over. A TACAN
system to provide position up-dating for the inertial system, starting
150 nautical miles from the landing sasrea, is discussed in a paper by
Ray E. Thormpson.

In summary, this guidance and control concept provides a capa-
bility for performing lunar missions through the use of onboard equip-
ment. Data from ground-based equipment may be used during the mid-
course phase at the option of the crew. The use of a TACAN system to
improve the guidance accuracy at the earth landing site has numerous
precedents in ailrcraft systems, and does not detract from the onboard
command feature of the system.
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A STUDY OF A SYSTEM FOR MIDCOURSE NAVIGATION

By Stanley F. Schmidt, John D. McLlean,
and Gerald L. Smith

Ames Research Center
INTRODUCTION

A study of midcourse guldance for Apollo missions has been under-
way for about a year at the Ames Research Center. This study has cul-
minated in a digital simulation of a system and the results to date
have been encouraging. It is the purpose of this paper to describe in
the following order: the midcourse navigation system requirements con-
sidered desirable, & description of the system studied, and the results
obtained from the simulation. A discussion of the mathemstics involved
have been omitted since, although of extreme importance, they are too
complex to be described herein.

It is pertinent first to discuss briefly the various guidance
phases of the mission studied. Figure 1 illustrates an artist's sketch
of the familiar figure eight circumlunar trajectory. Phase I includes
boost from the launch pad to final injection into the lunar trajectory.
During Phase II or the midcourse phase of the trajectory, beginning at
injection, the vehicle is essentially in free fall except for short
periods of accelerated flight when velocity corrections are made.

These corrections are required, because of the extreme sensitivity of
such trajectories to small injection errors; for example, a l-foot-per-
second velocity error at injection can result in several thousand miles
miss at perigee. The midcourse phase is considered completed upon
entry into the earth's atmosphere, and terminal guidance (Phase I11)
proceeds from this point to landing.

Before proceeding further it is appropriate to identify the spe-
cific operations or functions demanded of a midcourse navigation system.
First, it is necessary to determine the best estimate of the position
and velocity (that is, the state) of the spacecraft by means of a
smoothing scheme applied to data obtained from imperfect sensors (opti-
cal instruments are assumed in this case). This is referred to as tra-
Jectory determination. Then knowing the present state, end-point con-
ditions must be predicted; that is, for example, what will be the
estimated perilune or perigee as the case may be if no corrective action
is taken. As will be elaborated upon later, a reference trajectory
passing through the desired perilune and perigee is a necessary feature
of the system studied. Next, a guildance law must be formulated and
used to calculate the magnitude and direction of the corrective action
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necessary to change the estimated end-point conditions to correspond to
those of the reference trajectory. Finally, the indicated control
action is implemented by applying corrective velocity in the appropriate
direction by means of a small rocket motor.

MIDCOURSE NAVIGATION SYSTEM REQUIREMENTS AND DESCRIPTION

The requirements for the midcourse navigation system in addition
to its basic function of guiding to a predetermined perilune and perigee
may be divided into three basic requirements. First, the system should
allovw the pilot to have command of the mission. This imposes a require-
ment for onboard tracking, display and control, and computation. Second,
ground tracking informetion and computation should be usable but not
necessarily required. By this requirement it is meant that the system
should be able to accept and properly include all sources of informastion
useful for the onboard trajectory determination and guidance calcula-
tions. The third requirement concerns abort as it relates to the mid-
course phase, particularly the portion of the flight out to the moon.
This requirement would sppear to be broadly divisible into two parts by
the time required to return to earth which, of course, is related to
the seriousness of the emergency. The first part of the abort require-
ment, referred to as the shortest time of return, is predicated on the
need to return safely to earth only and guides to the closest reentry
corridor (such an emergency might arise due to the emergence of a solar
flare). The second part allows some relaxation in the time allowed
to return to earth and requires the abort mode to guide towards one of
several alternative landing locations.

A description of the concept of the system is illustrated by the
block diagrem in figure 2. The primary sources of data necessary for
the determination of the position and velocity of the spacecraft are
indicated as optical tracking and the onboard inertial platform and
associated accelerometers. The platform and accelerometers would have
multiple functions other than monitoring the midcourse corrections.

For example, in conJunction with the use of the computer to meke some
elementary calculations, it would provide the pilot with an estimate

of injection condltions for use as initial conditions for the midcourse
navigation system. The optical tracking measurements would be made
manually by the pilot and also evaluated before insertion into the com-
puter by means of a keyboard. As indicated in filgure 2, these data
would be transmitted to the ground computation center through teleme-
tering or if necessary by the voice communication link. Periodically
ground-based data, which include both onboard and earth tracking infor-
mation, would be transmitted back to the pilot for evaluation and com-
parison with his onboard calculations. The pilot also is considered
to have discretionary control over energizing the attltude and velocity
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control subsystems. These subsystems would possibly have an automatic
mode to relieve the pilot of manual control except in times of
emergencies.

Some of the features of the proposed midcourse navigation system
are enumerated in the following discussion.

The display to the pilot should include:

(1) An estimate of the trajectory, that is, the current position
and velocity vector.

(2) The indicated miss at periapsis if no velocity correction is
made.

(3) The velocity correction required to reduce the indicated miss
to zero,

(4) The root-mean-square (rms) prediction error.

(5) Statistics of the difference in the observed and computed
angles.

(6) Informstion on the two emergency abort situations previously
discussed.

(7) Monitoring of the subsystems.

Quantities (1) to (5) are discrete quantities calculated by the
digital computer and would normally be updated at the time of the obser-
vations and included on the pilot's display panel. If the pilot decides
he wants this information in between observations, this is accomplished
by commanding the computer to update the display. In the event that the
Ppillot decides a correction is required, he activates the computer to
calculate the required velocity correction in magnitude and direction at
some selected time in the future. He then either orients the vehicle
through the manual control system or monitors an automatic orientation
and initiates the velocity correction at the appropriate time.

The control includes the:
(1) Activation of the subsystems.

(2) Activation and operation of the computer for including observa-
tlon points.

(3) Manual keyboard computer inputs.

...
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These displays and controls plus training in their use will provide the
pilot sufficient information and control for command of his mission.

Further studies of methods of display and detalls of mode selection and
controls are necessary before the system can proceed to the design stage.

Figure 3 illustrates a more detailed block diagram of the trajec-
tory determination portion of the midcourse navigation system. As
noted previously, optical instrumentation is the primary source of
information in this scheme. The smoothing operation shown to the right
of the summation symbol is performed by the digital computer to obtain
the optimal estimate of the position and velocity vector during the
flight. The operation of the system is best understood by considering
the sequence of events for one observation as follows:

First, the observatlion of a celestial body is made and its angles
with respect to a chosen axes system and time are recorded and directed
to both the Ground Computation Center and the digital computer.

Second, the computer integrates the equations of motion from the
time of the last observation to the time of the next observation and
calculates what the observed angles should be, the difference between
the observed and computed angles, and their statistical rms deviations.

Third, the pilot compares these last two pileces of information and
if the angular difference is greater than about 3 times the rms value,
it is likely that a mistake in the observation has been made and correc-
tive steps are taken to repeat the measurement and to check with Ground
Computation Center. If the difference is less, the pilot activates the
computer to include the data point. The manner in which the computer
includes the data point is to:

(1) Compute the optimum weighting function for the particular type
meagsurement made.

(2) Multiply the difference angles by the weighting function and
modify the estimate of the trajectory at the observed time by the
result. This trajectory determination scheme is a specialized appli-

?ation of a general theory on linear filtering developed by Kelman
ref. 1).

At periodic intervals, perhaps every 6 to 12 hours, the estimated
trajectory is obtained from the Ground Computation Center, compared
with onboard date by the pilot, and after sufficient cross-checking
is inserted into the computer to update the trajectory calculations.
This could be accomplished by voice communication and the manual key-
board rather than telemetering and automatic read-in. However, further
study of this procedure is necessary. The onboard estimate is, there-
fore, as good as the ground estimate of the position and veloclty of
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the spacecraft at these times. Since the ground estimate includes both
ground tracking and onboard data, these data represent the best esti-
mate available.

The next subject for consideration is midcourse guidance calcula-
tions which are shown in figure 4. Essentially the problem is: Given
the estimated trajectory, that is, the position and velocity vector,
to predict the periapsis and devise a means of computing the velocity
corrections necessary to obtain the desired periapsis. For this study,
a fixed time of arrival navigation system has been used to meet this
requirement. In essence, the vehicle is guided to arrive at a particu-
lar time at the perilune and perigee of a known predetermined reference
trajectory. The fixed time of arrival feature is not absolutely essen-
tial and further study is necessary to determine the advantages of a
more flexible system. Now by using linearized equations of motion
around the reference trajectory, the computations are considerably
simplified. Therefore, linear prediction matrices have been used to
transfer the deviation from the reference trajectory at the present
time to future time. Relatively simple calculations can be made of:

(1) The predicted miss.

(2) The velocity correction required to reduce the predicted miss
to zero.

(3) The rms error in prediction.

The application of linear prediction methods has some problems if
large launch time variations are required in that the nonlinear effects
of large deviations from a single reference trajectory would cause size-
able errors in the prediction. To have a large launch window, this
system requires a number of onboard stored reference trajectories. The
pilot would then choose from this list a member which closely fits his
measured injection conditions. Further studies to determine the number
of reference trajectories required or of other means of circumventing
this problem are required.

SYSTEM EVALUATION RESULIS AND DISCUSSION

In order to evaluste the midcourse phase of this navigation system,
a relatively complex simulation was made. Before presenting some
results, it is necessary to note the objectives and to understand the
assumptions under which the simulation was conducted. One such objec-
tive was to determine if the mission could be accomplished by the use
of onboard optical measurements only. As will be shown this objective
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was achieved but the results to be presented are not considered as good
as they would be if ground tracking data were included. Shown in fig-
ure 5 are some pertinent assumptions relative to the study made for a

6%-day circumlunar trajectory. An onboard optical device was assumed

to measure the subtended angle and the right ascension and declination
of the center line of the earth or the moon every 6 minutes during
observation periods. The procedure for taking measurements was to
begin observing only the earth starting one-half hour after injection
for a perlod of 3.9 hours and again prior to entry. The moon only was
observed for a period of 12.1 hours when near the moon. During the
remaining portion of the flight the earth was observed and then the
moon with a half-hour period of no observations interposed. This

sequence resulted in a total of 844 observations for the 6%-—day flight.

Noted also in figure 5 are the times selected in advance for the six
velocity corrections to be made. The first correction was made 1/2 day
from injection and was followed by two other corrections on the out-
bound trajectory and three on the inbound trajectory of the flight.

The last velocity correction was made about 2 hours from entry. At
least 15 minutes was allowed between observations and velocity cor-
rections in order to allow time for vehicle orientation.

The assumed errors for what is referred to as the standard case
are as follows: First, the standard deviation of the errors in seconds
of arc in each of the observed angles was assumed to be

o = \hoo + (0.0018)°

where © 1is the subtended half-angle. For infinite distances this
error has an rms value of 10 seconds of arc and for 100 miles altitude
from the earth, it is about 290 seconds. This error formula gives
conservative results according to some instrumentation studies made
recently. Second, the standard deviation of injection errors was

1 kilometer and 1 meter per second in each of three geocentric
Cartesian inertial position coordinates. Third, the statistical errors
in making the necessary velocity correction were 0.7 degree in direc-
tion and 0.1 meter per second in magnitude. Fourth, the error in
measuring the velocity correction was taken as 0.0l meter per second
in each of the three coordinates.

The finel measure of any guidance scheme for a manned space vehi-
cle 1s, of course, its ability to position the vehicle in space so that
a safe entry can be made. Presuming this can be achieved by the refer-
ence trajectory, then a measure of the guidance effectiveness is the
variations between the actual and the reference trajectory. Figure 6
11lustrates the manner in which this variation can be envisioned. The
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dotted line indicates the reference trajectory. For any point in time
on the reference trajectory, there is a known probability that the
actual trajectory will lie within a given range r and a given veloc-
ity V from the reference. Similarly, if one actual trajectory is
chosen, as is shown by the solid line, then there will be a known
probability that the estimated trajectory will lie within a given
range T and a given velocity V from the actual trajectory. The
rms values of these deviations have been calculated for the entire
trajectory and will be presented for the time of reference perigee.

It is well known also that a successful entry can be made if the vacuum
perigee height is within a given band; therefore, the rms value of the
variation in vacuum perigee between the actual and reference trajec-
tories has been computed.

Table I summarizes the rms perlgee data obtained from the simila-
tion studies. These results are the same as would be obtained by
averaging, in an rms sense, the results of many trajectories from the
ensemble having the same statistical errors, sequence of observatioms,
and velocity corrections times. In the first row are listed results for
the standard case referred to previously. Note that the rms variation
in perigee height is only 0.30 nautical mile indicating a highly satis-
factory entry survival potential for the spacecraft and its occupants.
The next two numbers of 6.2 nautical miles and %6 feet per second for
the rms range and velocity, respectively, are given at vacuum perigee
but are of the same order of magnitude at atmospheric entry conditions.
Since the spacecraft is reentering at near parabolic velocity, it is
gpparent that the entry flight-path-angle variation is less than 0.001
of a radian and the error in range can easlily be eliminated during
terminal guidance. A second set of data, those of the error in
knowledge of position and velocity, are given at the time of reference
perigee as 4.2 nautical miles and 22 feet per second, respectively.
These latter quantities influence the terminal guldance system and
unfortunately time was not avallable to calculate the miss on landing
caused by these errors for a perfect terminal guidance system.

The total corrective velocity required in making the six corrections

for the 6%-day flight for the standard case has an rms value of 30 feet

per second. The magnitude of this quantity is a figure of merit related
to the amount of onboard fuel necessary for midcourse corrections.

The effects of various parametric changes from the standard tra-
Jectory are shown in the next 4 rows in table I. For example, if one
could make and measure the velocity corrections perfectly, then the
perigee errors are reduced, but there is not a significant reduction in
total corrective velocity. Increasing the errors in observations by a
factor of 5 increases all the terminal errors by a factor of 2 to 4 but
again does not substantially increase the total corrective velocity.
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As might be expected, since we have a very good trajectory determina-
tion system onboard the vehicle, an increase in injection errors by a
factor of 5 increases the total velocity required by about the same
factor of 5 but has no effect on terminal errors. If the trajectory
could be determined perfectly and injection errors were not suffi-
ciently large to greatly modify the approximate linear relationships,
then the total velocity required is directly proportional to injection
errors. The variance in the test condition from the standard for the
last row is due to the sequence of observations being made regularly at
2-hour intervals for a total of T7 observations. A comparison of the
data in the third and fifth rows shows that a good measurement system
allows the liberty of taking less observations to achieve the same
perigee error. Even though the total number of observations was
decreased from 844 for the standard case to T7, it can be seen that the
total velocity required did not increase apprecisbly. It should be
noted that in each case cited in the table, the spacecraft should
return well within the reentry corridor requirements for a spacecraft
with L/D = 1/2.

Table II shows the rms perilune data. The behavior is so similar
to perigee it is left to the reader to make the various accuracy
comparisons.

The corrective velocities shown are determined to a great extent
by the hypothetical set of injection errors assumed. Thus before great
confidence can be attached to these numbers the magnitude and direction
of the injection errors must be known more precisely.

CONCLUSIONS

The simulation results may be summarized in the following two
statements: (1) the performance of the midcourse guidance system
studied is well within the accuracy requirements needed for the return
to an established reentry corridor, and (2) the corrective velocity
assoclated with this performance is small.

The important features of the proposed system are: (1) because of
the manner in which it operates, this system gives the optimal estimate
of the position and velocity of the spacecraft at all times with a
minimum storage capacity in the computer and is also adaptable for use
in guiding during abort, and (2) guidance and navigation can be success-
fully accomplished without reliance on tracking information transmitted
from the earth. The implications of this latter conclusion are that:
(a) en integrated ground-control onboard system would minimize poten-
tlal errors and secure a measure of redundancy by the duplication of
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calculations, and (v) the complete onboard system provides an addi-
tional emergency mode to that of the pilot following instructions from

the ground-control center.
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GUIDANCE AND CONTROL DURING DIRECT DESCENT PARABOLIC REENTRY

By Edwin C. Foudriat
Langley Research Center

and Rodney C. Wingrove
Ames Research Center

INTRODUCTION

The conclusion of a successful lunar or outer space mission will
require the reentry from a near parabolic orbit to a prescribed landing
point on the earth's surface. In order to accomplish this a navigation
guidance and control system will be required for the Apollo spacecraft.

From the beginning of the space age intensive study has been con-
ducted on the reentry procedures, range capability, and heating of
reentry vehicles (refs. 1 to 3). Reference 4 contains an excellent bib-
liography of the recent work in the area related to the reentry capabil-
ity from escape speeds. The area of energy management, that is, the
procedure by which the reentry capability is used to attain a desired
landing point, has also been studied intensively for orbital reentry
conditions (refs. 5 to 11). With the advent of the lunar and outer
space missions, recent studies have been reported on reentry energy
management from parabolic reentry conditions (refs. 11 to 14).

Tn addition to these studies, additional programs have been ini-
tiated by the NASA. The purpose of this paper is to review the earlier
studies, indicate information obtained from recent programs, and indi-
cate the areas where future work may be profitable in extending the range
capabilities for parabolic reentries.

Four studies are reported on in this paper. The first of these is
a plloted simulator study, where the pilot's intelligence and learning
capability are used to provide the guidance logic and control commands.
Most of the information provided to the pilot may be derived from an
inertial reference navigation system. The second program is an auto-
matic control study using a reference trajectory procedure. Here, the
control feedbacks are developed for the successful operation of the
system and the range capability illustrated. The last two systems dis-
cussed in this paper include the use of prediction to obtain control of
range. The first of these employs a linear predictor which combines
stored trajectories and influence coffficients to determine the final
range error (ref. 11). The second uses a rapid-time analog computer to
extrapolate the range capability from the present conditions. The pilot

]



L]
[ 3 L ]
oGO

L X XN ]
L J
ese
evee
eo e
[ XX R4

(XXX X
[ XX RN
]

[}
sevee
L]

e
sene
(XX ¥}

] o0 se

148

is provided this information in order to control the vehicle to its
desired destination (ref. 12).

To date, direct-descent reentries have been used in most of the
studies; that is, the vehicle does not skip out of the atmosphere.
Although for extreme extensions of range skip out is required, a large
range for direct-descent trajectories is available if proper procedures
to avold skip out are employed. These procedures willl be discussed and
the range available indicated.

DEFINITION OF RANGE CAPABILITY FOR DIRECT-DESCENT TRAJECTORY

The direct-descent trajectory is defined as one for which a vehicle
upon entering the earth's atmosphere does not exit or skip out. The
restrictions upon the range of such trajectories can best be classified
with the help of figure 1. The vehicle trajectory must be controlled
outside the atmosphere so that it penetrates at an entry angle steep
enough to decelerate but shallow enough to avoid the 1limit of human
tolerance. Once in the atmosphere the minimum range is restricted by
the ability of the human occupant to tolerste sustained high-~level
deceleration. For this psper this limit has been arbitrarily set at 10g
in order that the work by the various guidance investigators can be
compared. However, a detailed discussion of the actual tolerance
requirements 1s presented in the paper by Brent Y. Creer and Joseph
G. Douvillier, Jr. The maximum range is limited by a trajectory which
reaches the edge of the usable atmosphere, or about 300,000 feet. These
two trajectories then define the down-range capability for the direct-
descent reentry. In addition to down-range control it will generally
be necessary to change the vehicle's great-circle course. This is
designated as cross- or lateral-range capability. Thus, the range capa-
bility of any system is the combination of the down and cross ranges
available and is a factor of major importance in Judging the energy
mansgement system.

In order to obtain additional range, it is possible to employ skip-
out procedures. Here the maximum range is limited only by the require-
ment to avoid the Van Allen regions of high-intensity radiation. It
should be noted that extreme ranges are available if controlled skip
out is used. However, very little study has been reported on guidance
and control schemes which employ skip procedures. It is indicated in
reference 4 that the sensitivity of such meneuvers to the velocity and
flight path can be extremely large under certain conditions. In addi-
tion, by storage of small amounts of energy, & parking orbit (ref. 14)
is possible which permits an infinite range to be obtained.
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PILOT SIMULATOR STUDIES

The first NASA program to be discussed consisted of a piloted
study conducted on a fixed-base simulator. The study was conducted to
determine the ability of the pilot to fly a reentry-type vehicle, to
determine the requirements for instrument display, and to obtain pro-
cedures which would permit him to use his intelligence and learning
abilities to pilot the vehicle to the desired destination.

The instrument display used for this study is shown in figure 2.
The control instrument used to display vehicle attitudes and body rates
is the three-axis "8" ball. This instrument displays yaw, pitch, and
roll (the Euler angles) and the body angular rates. The 1ift forces on
the vehicle are indicated by the angle-of-attack and sideslip meters
to the left of the "8" ball. The vehicle is capable of trimming from o°
to 40° angle of attack and #20° in sideslip. This angle-of-attack range
corresponded to a lift-drag ratio of O to 0.58. The vehicle's veloclty,
altitude, and range to go (distance to the target) are indicated in the
column of instruments to the right of the "8" ball. The altitude rate
was found to be extremely useful and is indicated on the dial below the
"8" ball. An ILS type of instrument which shows down- and cross-range-
to-go errors (directly above the "8" ball) is used by the pilot to obtain
the desired direction of bank angle and is required for precision maneu-
vering near the target site. The instrument at the bottom is a memory
oscilloscope used in the manner of an x-y plotter. Altitude was plotted
on the vertical scale with range to go plotted on the horizontal scale.
In addition to plotting the vehicle's past history a reference trajectory
curve is traced on the face of the instrument. The pilot is thus able
to correlate the past history of the flight with respect to the target
and the reference to which he is to fly.

The pilot was provided with a two-axis pencil-type controller and
rudder pedals. In addition, trim wheels operated by the left hand were
available for pilot control. The damping was provided by auxiliary
feedback controls with a minimum demping ratio of at least & = 0.2.
Roll control was provided by proportional reaction control with a maxi-
mum acceleration of 5° per second squared and a feedback time constant
of 1 second.

The piloting procedure will be described with the aid of figure 3
which shows the vertical and horizontal profile of a short- and a long-
range pilot-controlled mission. In both missions the initial phase of
the reentry was the same. For the short-range case the pilot remained
at approximately the pullout altitude until he reached the reference
trajectory. By remaining at the lower altitude the pilot was able to
reduce the velocity more rapidly. A the reference was reached the
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pilot started the descént to the target. Actually, in the case shown
in figure 3 the pilot overshot the reference and had to dive more
steeply to reach the target.

For the long-range mission the pilot did not remain at the lower
altitude but started a pullup which he terminated at about 250,000 feet.
The proper pullup procedure is very necessary in order to obtain long
ranges and must be done with some care in order to avoid skip out. The
procedure was to start the pullup at a velocity between 30,000 and
32,000 ft/sec. For the pullup a rate of climb of 800 ft/sec was estab-
lished. At an altitude of 230,000 feet the pilot rolled the vehicle
over and used all the 1lift in the negative direction in order to avoid
skip out. When done properly this reduced the rate of climb to zero
between 250,000 and 260,000 feet with a velocity between 25,000 and
27,000 ft/sec. At this condition the pilot could be considered at the
edge of the atmosphere with near superorbital velocity and with the
capability of extremely long range. This has been termed the coasting
phase as indicated in figure 3. As can be seen from the figure the
pilot initiated the rate of descent when he reached the reference
trajectory.

The pilot had no trouble correcting the cross range. When 1ift
was not used vertically the pilot rolled the vehicle to 90° to reduce
the cross range. For these runs the roll was initiated at the end of
the initial pullout as indicated by the cross-range-error reduction.
The remsinder was eliminated during the coasting and reference trajec-
tory phases.

It should be indicated that the pilot procedure was to fly a ref-
erence trajectory which is similar to the automatic control procedure
to be discussed. During the initial portion of the reentry, however,
the pilot did not use the error between the present position and the
reference trajectory to direct his control inputs. Instead he used a
procedure which when properly executed placed him in a position where
he was able to attain the reference trajectory once the initisl or
superorbital phase was completed. This point has an important bearing

on the use of reference trajectory for control as will be indicated
subsequently.

Figure 4 shows the range capabllity of a skilled pilot for three
entry angles which include the steeper two-thirds of the reentry cor-
ridor. The shaded ares indicates the maneuver range for all entry
angles studied. The ranges between 2,200 and 3,500 miles are obtained
when the pullup maneuver is made so that a velocity of approximately
25,000 ft/sec is reached at the initial point of the coasting phase.
As indicated in figure 4, a range extension of 1,500 miles is obtained
when the pullup maneuver is made so that initial coasting phase veloc-
ities of 27,000 ft/sec are obtained. There is no reason why further
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down-range extensions should not be possible since for some reentry con-
ditions higher velocities at the beginning of the coasting phase are pos-
sible. In addition, further range extension is available by increasing
the altitude during the coasting phase as indicated in reference k.

The results of the pilot studies also indicate that lateral range
is a function of initial entry angle 7o. Figure 4 indicates that
the lateral range available for entries at 75 = -6.5° 1is 500 miles
greater than that at 7, = -5.5° and about 300 miles greater than that
at 7o = -7.5°. This increase is due to the fact that the 74 = -6.5
entry is closer to the ballistic entry and therefore less 1ift is
needed either to keep the vehicle from skipping out or to prevent
diving too deep in the atmosphere. This means that during the ini-
tial (supercircular) portion more lift is available to obtain larger
lateral velocities. Thus, it may be desirable from a control and range-
available standpoint to attempt to control the vehicle so that its ini-
tial reentry is nearly a ballistic trajectory.

Pilot opinion of the learning, the work load, and the timing
required to make successful reentries following this procedure were
obtained from this study. The research pilots who participated in the
study stated that considerable time was required to attain proficiency
in the simulator, basically because they were unfamiliar with the mechan-
ics of reentry. Once this learning period was completed so that the
pilots understood the reasoning for the steps in the procedure they
found the task only moderately difficult. With sufficient damping the
vehicle work loads were considered reasonable, and although good tithing
was necessary, the experienced pilots felt that with an understanding
of each phase, sufficient time was available for anticipating the next
control inputs.

STUDY OF THE REFERENCE TRAJECTORY CONTROL PROCEDURE

A second study has been conducted by the NASA to determine the
usefulness of controlling parabolic reentry by an automatic control
system in which stored reference trajectories are used. Such systems
have been studied extensively for circular reentries (refs. 5 to 8
and 14). The technique is explained with the help of figure 5. A
nominal trajectory (one in which the vehicle enters with the specified
conditions and position) is selected and stored in the control sys-
tem. During the actual flight the measured conditions are compared
with those of the reference trajectory and the errors obtained. These
errors are passed through constant-gain weighting factors K and the
sum of the weighted errors is used to specify the lift-drag ratio L/D
to be used to force the actual vehicle conditions to conform to those
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of the reference trajectory. For the system studied the feedbacks
found to be most effective were altitude rate h, deceleration A, and
range R as an outer loop control. For the study these were programed
as a function of velocity. Also shown in figure 5 is a switch in the
range control loop which provides for closing the range loop at the
appropriate velocity. The reason for this switch will be discussed
subsequently.

A simplified analysis of feedback control during reentry was con-
celved to study various feedback conditions using only those variables
that strongly effect reentry motion. Reference 13 has presented a
method of setting up the approximate reentry motion equations in block
diagram form. The Chapman equation (ref. 15) used in this study allows
important feedback quantities for range control to be recognized and
its relative ease of mechanization on an analog computer allows a
straightforward method in the investigation of reentry control.

The study reported in reference 13 has shown the control range to
be a third-order control system. As for any other third-order control
system, it was found that two inner-loop control terms were desirable.
Demping the trajectory 1is especially important for those velocities
greater than satellite velocity, where the vehicle can either skip back
out of the atmosphere or exceed a given deceleration limit.

The fixed-trajectory control studies of reference 13 have been
extended here to show the characteristic of feedback control in damping
the trajectory above satellite velocity. Also, the manner in which
range feedback must be used is demonstrated, and the maximum down and
cross ranges available are indicated.

Figure 6 shows the typical entrance-angle limits for a body with
L/D = 0.5 entering the atmosphere at 400,000 feet at & velocity 40 per-
cent above satellite speed. The overshoot limit is determined by the
entrance angle at which the vehicle will just stay within the atmosphere
when full negative 1ift is used. The undershoot limit, which is a func-
tioh of the maximum deceleration, is determined by the entrance angle
at which the vehicle will just reach the given g-value with full posi-
tive 1lift. The scale of this figure 1s adjusted so that the corridor
width corresponding to given entrance-angle limits is a linear extrap-
olation. The entrance-angle limits for various control laws are shown
with respect to the available 1limits of the vehicle. By controlling
L/D as a function of altitude rate of change or deceleration rate of

change, all but the upper 1° of the available corridor width can be
used.

Although the altitude rate of change would have to be measured
from an inertial reference during reentry, the deceleration measurement
could be obtained from an accelerometer strapped to the vehicle in such
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a position that it will not couple with the short-period dynasmics. The
other control law is control to a trajectory in which deceleration
varies as & function of velocity. Although this system used almost all
the capability avallable to the vehicle for high design maximum decel-
erations, when the design maximum deceleration 1s low (below 6g) the
vehicle will tend to skip out of the atmosphere after the initial dive
to maximum deceleration. It was found that combining the two concepts
shown in figure 6 would use almost all the corridor width available to
the vehicle over the complete deceleration range.

The control of range about the design trajectory is next considered
with the following control equation:

5

.Lﬁ '_.5 = Kh o+ X [A - A(ﬁ)] + Kj‘[R - R(ﬁ)]

where U is nondimensional velocity. The term Klﬁ + Ké[} - A(ﬁﬂ
is for inner-loop control and the term K3[R - R(ﬁ)] is for range

control. The inner-loop terms are a combination of those already shown
to keep the controlled trajectory within limits during the supercircular
portion of the trajectory.

Figure 7 shows the maximum range values that can be obtained for
range control starting both above and below satellite velocity. As
seen in the figure, & high value of range control gain Kjz will allow

very little range control above satellite velocity, but with low feed-
back gein some range control is available. Just below satellite veloc-
ity, full range control can be added because the vehicle cannot usually
skip back out of the atmosphere.

Two important points are indicated in figure 7. The first point
is that it is more important during the supercircular portion to control
the vehicle in order to avoid skip out than to control the error in
range from the fixed reference. This point, which was indicated in the
piloted procedure, is forcefully illustrated in figure 7. The second
point is that when proper range control is used the reference trajectory
approach gives good range control within a down-range capability of
2,000 miles.

The maximum cross range that could be used during the supercircular
entry was determined by flying the vehicle at a trim L/D condition of
0.5, letting the roll angle command the L/D value that was used for
control in the previous section. The command roll angle becomes

-1 Commend L/D
Trim L/D = 0.5

S

Command roll sngle = coOs
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The cross range was computed by using the method of reference 16 and
letting the roll angle control side force to only one side of the tra-
Jectory during the full reentry.

Figure 8 shows the cross range available for this control scheme.
As presented, about twice the cross range is available if lateral range
control is started at parabolic velocity than if range control is
started at satellite velocity since the vehicle has no tendency to skip
out when lateral force is used.

Actually the reference trajectory and piloted procedure described
in the previous section have a great deal of similarity. In the Chapman
equation of reference 15 acceleration is comparable to altitude in the
standard equations. Thus, whereas the pilots controlled the supercir-
cular portion using altitude and altitude rate with velocity as an index,
the automatic feedback control system used acceleration and altitude
rate. Suborbitally both used reference trajectories based upon range.

LINEAR PREDICTION

In addition to the more simplified guldance approaches just
described, prediction of critical reentry quantities has been used to
improve or augment the control logic of the reference trajectory
approach.

The linear prediction technique has been studied for entries with
two degrees of freedom from circular orbit (ref. 10). This work has
been extended to include some of the problems of reentry from parabolic
orbits. Figure 9 shows a block diagram of the linear prediction scheme
and how the method works. First, the similarity between it and the ref-
erence trajectory technique is quite evident. The stored trajectory
varisbles are compared with the present flight conditions and the errors
are obtalned. However, instead of using constant weighting functions
a set of influence coefficients calculated by the adjoint technique
(ref. 10) is used to predict the effect of these present errors on the
end conditions. This predicted final value in range is then used to
control the lift-drag ratio of the vehicle. Thus, where the reference
trajectory technique forces the vehicle to fly to a single trajectory,
the prediction technique selects one of many trajectories which termi-
nate at the desired destination.

The use of the linear prediction technique is i1llustrated in fig-
ure 10 where the errors in the vehicle variables and the predicted
range error are plotted as a function of time for a circular reentry
control. The figure indicates that the initial altitude is above the
reference trajectory, the initial velocity and flight path are correct,

~——
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and the vehicle's range error €R is about 280 miles beyond the target.

Therefore, the vehicle is trimmed to a minimum 1ift until the predicted
error goes to zero. At this point the velocity and flight path have
large but canceling errors - the velocity is 1,600 ft/sec faster than
the reference velocity but the flight path is about 0.4° steeper. When
zero range error was predicted the vehicle returned to the nominal 1lift
condition and no further control inputs were required.

The use of prediction has been extended to supercircular reentries.
The first control problem is to keep the vehicle from overdeceleration.
Figure 11 illustrates the ability of the system to predict the peak
decelerations from a nominal T.6g reentry trajectory. Over the range of
interest from 5g to 10g the predictlon error was less than 0.2g for the
cases studied. In additicn, the predictor shows improved accuracy as
the time when this acceleration will be obtained is decreased.

It should be pointed out that the prediction of range superorbit-
ally will suffer from a problem similar to that for the reference tra-
Jectory; that 1is, the control of range in the superorbital portion will
cause the vehicle to skip out. Studies are being conducted to determine
how the superorbital control msy be accomplished to avoid skip out.

REPETITIVE PREDICTION BY FAST-TIME COMPUTATION

In addition to the use of linear prediction, a more sophisticated
prediction system, the use of a high-speed repetitive computer has been
used to aid the pilot in the reentry energy management problem. Although
the basic concepts of this procedure have been summarized in refer-
ences 12 and 13, a brief description of the prediction method of end-
point guidance and control is presented here.

The aerodynemic range capability of the vehicle is predicted from
existing conditions along the flight path by solving equations of motion
for constant trim conditions (assumed to give maximum maneuver). In
this study three constant trim conditions were used:

0.5 and bank angle zero (@ = 0°) for maximum range

(1) (L/D)pax

O and @ = 0° for minimum range

(2) (L/D)pax

0.5 and @ = 45° for maximum cross range

(3) (L/D)pax

This area of aerodynamic range is solved repetitively, as fast as pos-
sible, for changing flight conditions by an airborne computer. The

"l"lllllllll..l



assumed maximum maneuver capability is thus known continuously as the
vehicle conditions vary.

The prediction method of endpoint guidance and control was simulated
using an electronic analog computer, fixed cockpit, and pilot to close
the guidance loop. The guidance display used in this simulation is shown
in figure 12. The "footprint" or range envelope is a transparent over-
lay on the face of a 5-inch oscilloscope. The destination is a moving
dot on the scope presented in relation to the predicted maximum range
capabilities of the vehicle. The oscilloscope display appears to the
pilot as though he were looking at the nondimensionalized maneuver
capability of the vehicle. The desirable procedure is for the pilot to
control so that the destination is in the center of the maneuver capabil-
ity; that is, the pilot should fly the destination dot to the center of
the scope. Then the pilot has maximum maneuver capability about the
target site to take care of unpredicted errors (wind, drifts, etec.).

For the conditions shown in figure 12 the procedure would be for the
pilot to establish a bank angle of about 40o° with an L/D of 0.5 and
thus overcorrect to force the destination toward the center of the
displsay.

In the simulation two restrictions were placed upon the vehicle
trajectory, & maximum deceleration limit of 10g and a maximum skip
altitude of 300,000 feet. The repetitive prediction was capable of
predicting these boundary values which were displayed to the pilot as
bars on the scope. For reentries at the shallow entry angles the upper
bar would appear near the lower boundary of the scope indicating to the
pilot to use negative 1lift to remain in the atmosphere. At the steep
entry angles the lower bar would sppear at the top of the scope indi-
cating that maximum positive 1ift was required in order to avoid severe
decelerations.

The pilots considered thils system entirely satisfactory. The
pilot's function needed here was to close the control loop between the
bank and trim indicators and navigation display. Pilots had no dif-
ficulty coping with emergency or abort reentry conditions far removed
from parabolic entry conditions. This ability of the guidance system
to predict range, deceleration, and skip-out limits for any entry con-
dition mekes it an almost universal control method.

A point of interest should be made about the equations used by this
repetitive prediction technique. The procedure investigated by the NASA
was conducted by using the Chapman approximate equation (ref. 15) for
the solution i1n the fast-time computer. Other than the simplification
of the computation one factor involving the change from geometric to
effective density altitude is clearly pointed out by use of the approxi-
mate equations. First, the use of density altitude provides a compensa-
tion for nonstandard atmosphere conditions. In addition, the instability
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in the inertial reference system affects the control procedure less if
density altitude is used. Actually, this procedure is applicable to
all systems and it is felt that the use of density altitude will be
advantageous.

As indicated previously, the range capability is probably a major
factor in assessing the quality of a reentry guidance system. Figure 13
shows a summary of the down-range capability for the repetitive predic-
tion, the reference trajectory, and the pilot-controlled systems. (The
linear prediction procedure is left off because range data have not been
obtained on the reentry from parabolic orbits.) In the control of mini-
mum range the use of the prediction system indicates a definite super-
lority. This is due to the fact that the predictor gives the lift-drag
ratio at which to trim the vehicle in order to reach pesk deceleration,
and the pilot can easily control the dive into the atmosphere to obtain
and hold this value, thereby obtaining shorter ranges.

For the maximum range the piloted system shows a definite super-
lority in obtaining ranges in excess of those obtained so far by the
other systems. This is due to the fact that the automatic system was
forced to fly a trajectory not designed to obtain optimum long ranges
and the predictor system was confined to the prediction of maximum
range by a procedure in which L/D is fixed. However, a varied L/D
program, similar to that developed in the piloted procedure where high
coasting phase velocitles are obtained, is required for maximum range
when skip out 1s not permitted.

Although the research to date has indicated that the pilot is cap-
able of using his experience and judgment in order to obtain longer
ranges than are obtained by the other systems, this conclusion should
be tempered in light of possible future developments. First, there is
no reason theoretically why the reference and prediction schemes cannot
take advantage of similar procedures. Additional study will be required
to assess the system complexities which may result from their use. In
addition, none of the systems has approached the ranges predicted in
reference 4, Therefore, further study will be required on all systems
including the piloted technique in order that a more nearly optimum per-
cent of the total range capability may be obtained. Finally, the use of
skip-out procedures needs to be studied in order thst comparison with
direct-descent procedures may be obtained in those areas where their
range capabilities overlap and in order to increase the reentry range
capabilities beyond those of direct-descent trajectories.

CONCLUSIONS

The following conclusions have been obtained from the NASA reentry
studies conducted to date on reentry guidance and energy management

procedures: >y



1. The procedures studied have not provided nearly the optimum
direct-descent range that is available. Further study will be necessary
in order to assess the additional complexities required in each system
in order to obtain a more nearly optimum range.

2. The repetitive prediction technique provides for excellent con-
trol of the initial peak decelerations and a more nearly universal
reentry procedure, in that abort conditions are easily handled.

3. The piloted study has indicated that the human operator with
experience and a good display of flight information can cepably perform
the reentry guldance maneuvers required.

L, The reference-trajectory and linear-prediction control techniques
appear applicable to the problem and will require more study to assess
their true value.

5. Procedures for skip out should be investigated so that a com-
parison with direct-descent procedures is possible and in order to pro-
vide a system when extreme down-range control is required.
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DYNAMIC STABILITY AND CONTROL PROBLEMS OF
PILOTED REENTRY FROM LUNAR MISSIONS

By Martin T. Moul, Albert A. Schy,
and James L. Williams

Langley Research Center

INTRODUCTION

In this paper some results are presented of s preliminary analog
simulation study of dynamic stability and control problems during
piloted reentry from lunar flight. One of the main purposes of the
study was to investigate the ability of a human pilot to make a safe
reentry in case of failures in the automstic damping equipment. Fig-
ure 1 presents a typical reentry trajectory at parabolic speed, which
will be used to illustrate some of the basic control problems involved
in making a safe reentry. This type of reentry has received consider-
able attention in trajectory studies of this problem and was chosen
as the standard reentry task used to familiarize the pilots with the
problem.

In the pull-out, the pilot held maximum 1ift until level flight
was reached, in order to minimize the peak decelerations and heating
rates occurring at this point. (Note that the heavy arrows indicate
the required direction and relative magnitude of 1ift at various points
on the trajectory.) During a steep pull-out the pilot will be subjected
to a combination of high decelerations, rapidly varying dynamic condi-
tions, and high natural frequencies which can lead to serious control
problems. For shallow reentry angles, on the other hand, the critical
problem is to avoid skipping out of the atmosphere. The steepest
reentry angle considered was determined by limiting the maximum decel-
eration to 8g. The shallowest reentry angle was limited by the condi-
tion that available aerodynamic lift must be able to cancel the skipping
tendency caused by the supercircular velocity.

After the pull-out, the pilot must make a transition maneuver to
reverse the direction of vertical 1ift in order to maintain level
flight as required in the slowdown portion of the standard trajectory.
The two types of transition maneuvers considered in this paper are the
roll-only maneuver, in which maximum trim angle of attack is maintained
and vertical 1lift is controlled by bank angle, and the roll-pitch
maneuver, in which the pilot rolls 180° and modulates angle of attack.
After the transition maneuver, the pilot's two main problems are to
learn to control the flight path accurately in the presence of the
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varying centrifugal force and to control the tendency to increasing
oscillations. in damper-out conditions, which results from decreasing
dynamic pressure. After passing through circular speed the 1lift is
again upward, and the trajectory eventually ends in a final glide
which was not considered in this investigation.

After the subject pilots had familiarized themselves with the
basic control problems of the reentry, simulated range-variation
maneuvers were introduced for the study of damper-out conditions. In
the range-increase type of maneuver, the pilot entered at the steepest
reentry angle and was commanded to pull up to an altitude above the
pull-out altitude and level off. For range decrease, the vehicle
entered at the shallowest angle and was commanded to pull down and
level off. 1In addition, heading commands were sometimes included.
These maneuvers are similar to those discussed in the previous paper
on the pilot-controlled guidance system by Edwin C. Foudriat and
Rodney C. Wingrove.

PILOT STATION AND DISPLAY

Figures 2 and 3 show pilot station and instrument display. In
front of the pilot is the instrument display, while to his left is an
X-Y plotter on which the vehicle trajectory was generated. This is a
two-axis side-arm controller for pitch and roll control. Foot pedals
were used for yaw control.

The details of the display are shown in figure 3. Initially the
pilot uses the "8 ball" and a-meter to establish his proper roll and
pitch attitude for reentry. He monitors his pull-out trajectory on the
X-Y plotter. As level flight is approached, he observes h on this
meter. As h goes to zero, he performs a 180° roll using the 8 ball
and continues to hold constant altitude by varying angle of attack.

For the task of climbing or diving to a designated altitude, this meter
was used to display a quickened altitude error. Altitude error and
rate were combined and used as a zero-reader instrument by the pilot

to make accurate altitude changes.

While the display presented is by no means optimum, it was felt
to be reasonably good. The two-axis hand stick and rudder pedals were
reasonably satisfactory, but somewhat sloppy for attempting to damp
high-frequency oscillations. The nonoptimum nature of controls and
display should tend to make the results presented more conservative.
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CONFIGURATIONS AND ANALOG PROGRAM

Figure 4 shows the vehicles considered in this investigation.
These are rather simple examples of the two types of reentry bodies
generally considered for the Apollo mission. The I-2C is a blunt-face,
high-drag vehicle and the I-8 is a 1lifting cone. Each vehicle was
designed with some vertical center-of-gravity offset to aid in pitch
trim. The figure shows the maximum and minimum trim angles of attack,
with the controls deflected appropriately. Both vehicles could be
trimmed from L/D = 0 to L/D = 0.5. The L-2C used a small center-
of-gravity offset and both upper and lower pitch flaps. For the L-8
a large center-of-gravity offset was assumed, so that it was self-
trimmed at L/D = 0.5. A single lower flap was used to trim to
L/D = 0. The rear view shows the pitch and yaw flaps in deflected
position.

For roll control both vehicles were equipped with proportional
reaction rockets. Above an altitude of 300,000 feet, proportional
rockets were also included for pitch and yaw control. Full stick
deflection produced accelerations from reaction rockets of hoo/sec2
in roll and 1+°/sec2 in pitch and yaw. Constant gain sutomatic dampers
about all three axes were included for altitudes less than 300,000 feet.

With the use of the roll-only meneuver, the L-8 vehicle has the
capability of meking entries with no aerodynamic controls as a result
of its self-trimming feature, and some of these results will be
presented.

The serodynamic characteristics of the vehicles were determined
from wind-tunnel tests and reported in a previous paper by Emanuel
Boxer, Robert W. Rainey, and David E. Fetterman, Jr. The nonlinear
aerodynamics considered for this investigation and programed on the
analog computer were pitching moment as a function of angle of attack
and pitch control deflection, chord force as a function of angle of
attack, and CnB and ClB as functions of angle of attack.

In the analog set-up the chief aims were to obtain accurate
trajectories and a good simulation of vehicle dynamics both with and
without dampers. The axes system chosen were body axes for the moment
equations and local horizontal axes for the force equations. Consider-
able attention was given to the problem of analog scaling and to the
selection of high-response nonlinear equipment, multipliers and
resolvers, by our asnalog computing personnel. As a result, good simu-
lation of both vehicle dynamics and trajectory were obtained.
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RESULTS

Al]l Dampers In

Figure 5 shows trajectory results, as recorded on the X-Y plotter
for the two extreme reentry angles, with all dampers in. Altitude is
plotted in thousands of feet and range in nautical miles. Two cases
shown are constant L/D reentries followed by level flight, which were
used in pilot familiarization. The other two are a pull-up from a steep
reentry and a pull-down from a shallow reentry into level flight, which
were the typical range variation maneuvers used in most of the damper-
out reentries. Brief considerstion was also given to two more extreme
altitude maneuvers, in which the pilot pulled down from a shallow
reentry and leveled off at maximum g or pulled up to a very high alti-
tude from a steep reentry. The pilot was also given a heading task to
either hold 0° or to make a designated turn.

After a brief training period to become familiar with the vehicle
control characteristics and the required maneuvers, the subjects were
able to make all these reentries with complete consistency and with the
accuracy shown here. Although not shown, similar results were obtained
with the L-2C.

Effect of Damper Failure

Some results pertaining to emergency conditions in which damper
failures were considered are discussed. For these reentries the task
was to control the trajectory to a commanded altitude and heading
angle. In the event of trouble in controlling motions, the pilots
neglected the trajectory tasks and concentrated on making safe
reentries. In controlling the vehicle the Pilot attempted to damp
large oscillations with his pitch and yaw controls. Table I sum-
marizes these results.

The first column shows the damper condition and the second column,
the rating. The demper-out conditions are listed in the order of
increasing difficulty, and results are included for both vehicles
using roll-only and roll-pitch maneuvers. In figure 6 trajectory
results for four of the damper conditions are presented.

With all dempers in, both vehicles are rated satisfactory. With
the yaw or roll damper out, the subject was able to keep the lateral
oscillations small with a minimum of attention. He still did a good
Job of flight-path control. With the pltch damper out or roll and yaw
out, the subject had to devote more time to controlling the dynamic

o *‘“‘i- hi !



o meile, v e 173

variables. However, a reasonably good Jjob was done of controlling the
trajectory, as seen in figure 6(a) for the pitch damper out. For the
remaining conditions, successively more time and effort had to be
devoted to controlling dynamics and this result can be seen in fig-

ure 6(b). Even though the last five cases shown in table I carry the
same rating, an extreme degradation of control capebility exists between
the top and bottom conditions. The pitch-damper-out condition is not
very far removed from the acceptable category, whereas considerable
practice and training were required in order to mske successful reentries
with all dampers out. With all dampers out, proper techniques of making
control motions in a smooth and gradual manner to minimize disturbances
and of using pitch and yaw controls to damp oscillatory motions were
important for keeping the vehicles under control. It was also generally
noted that the use of roll-only maneuvers with the all-dampers-out con-
dition result in better controlled reentries.

In this investigation no consideration was given to the condition
of dampers failing during the run. From X-15 simulator studies, such
failures sometime resulted in dangerous situations and consideration
should be given to such conditions in future investigations.

Vehicle Dynamics

Before leaving the dlscussion of damper-out controllability, one
significant qualitative difference between the lateral characteristics
of the I-2C and I~8 should be mentioned. This difference is attribut-
able to the very large difference in the dihedral effect ClB of the

vehicles: -0.086 for I-8 and -0.006 for I-2C. TFigure 7 shows that

the L-8 vehicle, because of its relatively large dihedral, presented

a much more difficult roll-control problem than the I-2C. In this
maneuver the pilot was performing a steep reentry with no aerodynamic
damping. He attempted to maintain a 180° bank angle for a while, fol-
lowed by 0°. Note the irregular and larger ¢ and p variations and
more frequent roll-jet operation for the L-8 even though the B magni-
tudes are almost identical. In fact, only one B 1is shown, for
convenience.

The larger dihedral of the I~8 is partly caused by the larger
center-of-gravity offset assumed, but a more important factor 1s the
larger side-force coefficient CYB which acts through the center-of-

gravity offset to provide the large CIB dihedral effect. By simple

Newtonian-flow theory, it can be seen that the I~2C, because it flies
blunt-face forward, develops very small forces normal to its axis of

C—
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symmetry, whereas the L-8 can develop large off-axial forces. Fig-

ure 8 shows the effect of this difference in configurations on the off-
exial accelerations imposed on the pilot. (Note that the time scale

on this figure starts when the rolling motion is initiated.) Presented
in this figure are the normal, lateral, and longitudinal accelerations,
beginning at the time of the first roll maneuver. The L-2C has no off-
axial accelerations, whereas the L-8 has an appreciable normal accel-
eration, and a lateral-acceleration oscillation. This level of lateral
acceleration would not appear to present any difficulty with a well
designed body-restraint system.

There are two reasons why the lateral accelerations are not larger
in this reentry. The first is that the runs shown are rather well-
controlled examples for the damper-out condition, as can be seen by
the small sideslip angle developed. The second reason 1s that the
pilot's standard damper-out task for a steep reentry was to climb
25,000 feet immediately after pull-out. This caused the dynamic pres-
sure to drop Just as the oscillations built up. Figure 9 shows the
sort of accelerations that might result if both these factors were less
favorable.

In this case the pilot performed a maneuver which represented an
attempt at extreme shortening of range. He entered at a shallow flight-
path angle, but maneuvered tc pull down and level out at 150,000 feet
with maximum g. Also, the maneuver was not as well controlled as the
others shown. The motions shown are angle of attack, sideslip, normal,
and lateral accelerations, all of which became oscillatory at high
dynamic pressures. The large lateral accelerations in this run (a
maximum of 1l.l4g) would certainly represent a serious problem. This
problem needs to be investigated more closely using a human centrifuge
to determine if such effects are significant enough to influence the
choice of a configuration.

Another problem related to the dynamic characteristics of the
vehicles was encountered with the L-2C. With this vehicle, a divergence
in angle of attack sometimes occurred when a roll maneuver was ini-
tiated at very low dynamic pressure. Figure 10 shows a reentry at a
shallow reentry angle (-5.250), in which the subject performed a 180°
roll at an altitude of 300,000 feet, in order to pull down to & lower
altitude. Time histories are presented of dynamic pressure, bank angle,
and angle of attack. In performing the roll at low gq, large transient
motions in angle of attack and sideslip occur, as the vehicle rolls
about its principal body axis. Eventually the effect of the vehicle's
static stability comes into play and returns the vehicle towards its
trim condition, which was 30°. A large overshoot of the trim value
occurred, and the vehicle reached an angle of attack at which it is
statically unstable. The result 1s a divergence in angle of attack
and loss of control. Solutions to this pr#Blem are: (1) perform rolls
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for low dynamic pressure at O° angle of attack, (2) restrict rolling

to higher g, (3) include sufficient damping to avoid such an overshoot,
or (4) design the vehicle to have stable pitching-moment curve to a
higher angle of attack.

Roll-Control Only Reentries

The L-8 vehicle, as mentioned earlier, is self-trimming at
L/D = 0.5 &and hence has the capability of reentering by using a roll
maneuver and roll reaction controls only, that is, with no aerodynamic
controls whatever. The L-2C with some modification could be controlled
in this manner also. With three-axis damping the IL-8 vehicle was flown
in this manner with no difficulty, these results having been included
in the all-dampers-in case of table I. In addition, entries were made
in this mode in which no autometic damping was provided in either pitch
or yaw.

Figure 11 presents such results for a shallow reentry. The pilot
was gilven both an altitude and heading task. He did a good Job of
accomplishing the altitude task and had almost accomplished his heading
task when the run was terminated. Although the pilot did a reasonable
Job of flight-path control, he rated this condition acceptable for
emergency use only because of the undamped lateral oscillation, which
can be seen in the B8 and p motions, and pilot effort required to
control bank angle, which can be seen in the irregular ¢ and pilot
input motions.

With all dampers out, reentries could also be safely made, as
shown in table I.

Effect of Aerodynamic Damping

There is considerable controversy whether it is necessary to obtain
data on rotary derivatives (such as Cmq, damping in pitch, and Cnr’

damping in yaw) for accurate simulation of reentry-vehicle dynamic
characteristics. The general opinion seems to be that they can have
no importance at these speeds. In this simulation, values obtained
from limited wind-tunnel studies were used. For the 1~-8, for example,
stable values of Cnr and Cmq equal to -0.7 were obtained. To see

whether rotary derivatives of this magnitude could have any significant
dynamic effects, a number of I~8 damper-out reentries were run with
the algebraic sign of these quantities reversed.

In figure 12, results are shown for a steep reentry. With the
unstable damping values, the motions are much more divergent and the

R
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pilot soon lost control of the vehicle. These preliminary results
indicate that rotary derivatives can still be important in the marginal
damper-out conditions, even at these extreme speeds.

CONCLUSIONS

Although a good dynamic simulation was obtalned for this inves-
tigation, the limitations of a fixed base simulation are recognized,
and during the course of Apollo development, more extensive simulator
programs will be required employing angular motion simulators and
human centrifuges to further investigate problems of the types con-
sidered herein. It is hoped that the results of the present study will
have a significant input into those studies by better defining the
range of capabilities of a human pilot with regard to the basic control
and guidance tasks and also in emergency conditions.

The following conclusions are indicated by the results of this
preliminary investigation:

1. With all dampers in, both the L-2C and I~8 can be controlled
through reentry, with altitude and heading tasks being accomplished
with precision.

2. Both vehicles with all dampers out could be controlled to some
degree and were rated satisfactory for emergency operation.

3. The existence of excessive dihedral effect makes the precise
control of bank angle a difficult task for conditions of dampers out,
as shown by the example of the I~-8.

4, In damper-failure conditions, lifting-cone vehicles may encoun-
ter appreciable oscillatory accelerations. The effects of such accel-
erations require investigation in a human-centrifuge program.

5. The performance of rolling maneuvers at low dynamic pressures
with vehicles having unstable pitching-moment curves at high angles of

attack may result in a divergence and loss of control, as shown by the
1-2C example.

6. Required reentry maneuvers can be satisfactorily performed
without any serodynamic controls by using vertical center-of-gravity

offset to trim at required lift-drag ratio and roll reaction controls
to make rolling maneuvers.
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TABLE I

EFFECT OF DAMPER CONDITIONS
ON CONTROLLABILITY

DAMPER CONDITION

CONTROLLABILITY

ALL IN SATISFACTORY
YAW OUT ACCEPTABLE
ROLL OUT ACCEPTABLE
PITCH OUT

ROLL AND YAW OUT

PITCH AND YAW OUT

PITCH AND ROLL OUT
ALL OUT

ACCEPTABLE FOR

EMERGENCY OPERATION
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INFLUENCE OF SUSTAINED ACCELERATIONS ON CERTAIN
PILOT-PERFORMANCE CAPABILITIES
By Brent Y. Creer and Joseph G. Douvillier, Jr.

Ames Research Center
INTRODUCTION

In accordance with the established Apollo guidelines, it is desired
to use the pilot as a primary element in the control of the Apollo vehi-
cle. If it is assumed that the pilot will be used to control the Apollo
vehicle in the atmosphere entry maneuver, certain fundamental questions
must be answered relative to the influence of acceleration forces on
the pilot. Among those questions are (1) How should the pilot be posi-
tioned in the vehicle in order to best withstand the applied g load;

(2) What are the maximum periods of time a pilot can tolerate various
selected levels of acceleration force while performing his control
function; (5) What are the maximum rates-of-onset of the acceleration
force to which the pilot should be subjected. It would be desirable to
evaluate the precise Apollo piloting tasks in the precise Apollo accel-
eration stress environment. However, the Apollo vehicle is not defined
clearly enough for such an evaluation.

There remains at least two alternate ways to proceed. One method
which might be used is to place the test pilot in the desired
acceleration-force environments and continue the test until the pilot
fails physically and the required limit point is defined. A second
approach would be to place the pilot in the desired acceleration-force
environment and require the pilot to perform an arbitrary task which
might not match the Apollo piloting task exactly, but which would be suf-
ficiently difficult to increase the pilot's sensitivity to acceleration
as measured by a sudden fall off in task performance and which could
be used to weigh the answers to the posed questions. If the selected
task were sufficiently difficult, a degradation in pilot performance
would occur well before any physical endpoints were encountered.

The National Aeronautics and Space Administration has a general
program to study the effects of acceleration on the pilot of a space
vehicle. As part of this research program, a rather extensive investi-
gation of the effects of acceleration on pilot performance and pilot
physioclogy was conducted on the Johnsville human centrifuge by the Ames
Research Center. This program was very general and was not directed at
any specific vehicle. However, certain results from this general pro-
gram have been selected, and will be used in the manner Jjust discussed,
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in an attempt to answer the subject questions, which are pertinent to
the Apollo project. That is, the approach used in this study was to
provide the subject test pilots with a very difficult control task,
which, although probably not representative of the actual Apollo vehi-
cle piloting tasks, certainly produced the desired effects of causing
a measurable deterioration in pilot performance well before a physical
tolerance limit was reached.

In this paper, the vernacular of the test pilot has been used to
describe the direction of the applied acceleration force. The terms
"eyeballs in" (EBI), "eyeballs out" (EBO), and "eyeballs down" (EBD)
correspond to acceleration fields Ay, -Ay, and Ay, respectively,

where AX, -Ay, and Ay refer to the direction of acceleration forces
measured in the conventional airplane body-axis coordinate system.

APPARATUS

The Aviation Medical Acceleration Laboratory Centrifuge, Naval Air
Development Center, Johnsville, Pa., was used in this research program
to investigate the pilot control problems associated with the atmos-
phere reentry of space vehicles. For a fairly detailed description of
the centrifuge, see references 1 and 2.

It is self-evident that the ability of the pilot to perform while
immersed in high-sustained-acceleration-force fields and his tolerance-
to-acceleration limits are critically dependent upon the quality of the
pilot's restraint system. 1In order to insure the maximum in pilot per-
formance, a development program was initiated to provide an integrated
mobile pilot restraint system. An earlier pilot restraint system,
developed by the Ames Research Center and described in reference 3,
utilized a moulded couch arrangement similar to the Mercury system but
with what is regarded as an improved anterior restraint system to pro-
vide support for the eyeballs-out (EBO) g-field direction. The present

system relies heavily on the experience gained in using the previously
described restraint system.

The presently evolved pilot restraint system was designed with the
following two general points in mind. In essence, the restraint system
must not only provide maximum protection to the prilot, but must also
reduce to a minimum any deterioration in the pilot's ability to perform.
The specific design specifications were as follows:

(1) The system should provide adequate restraint over a wide
g-range for EBO, EBI, and EBD accelerations and any combination thereof.

- CONFIDENTIAL .
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(2) The system should be compatible with the required respiration
and cardiovascular measurements being contemplated.

(3) A given restraint unit should fit a wide range of sizes of
pilots.

(4) The system should allow the pilot to be quickly connected to,
or disconnected from, the main support system.

(5) Release from the support system should be manuaslly actuated by
the pilot.

(6) The restraint system should allow adequate movement for all
piloting functions.

(7) The ease of ingress and egress from the vehicle should be a
prime consideration in the design of the restraint system.

(8) The weight and bulk of the restraint system should be held to
a minimum.

The pilot's restraint system was composed of two major items,
namely, the pilot's restraint suit and the restraint-suit support
structure. The restraint suit which could be donned and worn as a
piece of personal gear is shown in detail in figure 1.

The restraint suit featured a helmet which consisted of a rigid
facepiece and a backpiece which were hinged on each other. A trans-
parent lens and a latched door were suitably located in the helmet
frontpiece. The purpose of the door was to allow the pilot to expel
debris in the event of vomiting. A high level of pilot comfort during
eyeballs-out accelerations was provided by a facial insert which fit
into the frontpiece of the helmet and which was contoured to each indi-
vidual pilot's face. A padded plate supported the back of the pilot's
head during the EBI accelerations. An airtight space was provided
around the pilot's mouth and nose so that a controlled breathing mix-
ture c?uld be given the pilot (as in a conventional airplane oxygen
system).

Protection against eyeballs-in accelerations was provided by a
series of shell-like supports which fit over the pilot's back and legs,
labeled in the figure as back frame, thigh supports, and back-frame
cover. A desirable feature of this system was that a given suit would
fit a wide range of pilot sizes. This was accomplished by a set of
bladders, placed between the back support and the pilot. Upon infla-
tion, the bladders conform closely to the shape of the individual pilot.
A fabric bib, pelvic strap, and modified g-suit provided protection
against eyeballs-out and eyeballs-down accelerations. The upper thighs

CONM D RINa®>
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were restrained by a broad cover which was zippered over the front of
the upper leg. Knee restraint was accomplished by a metal cap con-
toured to the approximate shape of the front of the bended knee, with
the metal knee cap secured by an appropriate arrangement of straps.

The hand and arm were restrained by a cuff which was laced and zip-
pered over the pilot's forearm. The cuff embodied the "Chinese magic
chain principle"; that is, the tension of the cuff around the forearm
increased with an increase in the applied load. The cuff was attached
to a pendulum which acted to counterbalance the mass of the pilot's arm
during EBO acceleration.

Foot restraint was accomplished by securing the feet into a set of
toe pedal devices. These toe pedals were attached to the restraint-
system support structure.

With the pilot dressed in the suit as shown in figure 2, he could
walk to the centrifuge gondola and be quickly connected to the support
structure. This quick connection was accomplished by a series of
tapered pins which were anchored to the restraint suit and helmet (see
fig. 2) and which were inserted and locked in corresponding receptacles
located in the support structure.

It appears that some of the basic concepts incorporated in the
Ames restraint system would also be useful in the design of a restraint
system for an orbital or space vehicle. It has the capability of quick
donning and rapid attachment to or release by the pilot from the basic
support, which is highly desirable for use in any type of vehicle.
However, since movement about in a shirt-sleeve environment would be a
desirable requirement in a flight vehicle, further simple modifications
are necessary to facilitate the pllot's donning the fabricated torso
and limb anterior restraints unassisted. The primary purpose of this
support and restraint system has been to permit simulator studies of
flight vehicle control under varying conditions of acceleration stress.
For this, its primary function, it has performed well.

There are two main areas in which this current restraint system is
untested, namely, impact accelerations and lateral transverse forces,
either sustained or impact. It is probable that the present restraint,
with certain modifications to the bladder system, will adequately pro-
tect the pilot against impact acceleration forces. A more complete
description of the Ames restraint system is given in reference L.

For all the pilot performance data presented in this paper, the
pilot controls consisted of a finger-operated two-axis sidearm con-
troller and toe pedals. A description of the finger-operated sidearm
controller and of the toe-pedal controls is given in reference 5.
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TEST CONDITIONS

The pilot flew the centrifuge as a closed-loop system; that is,
for acceleration fields greater than lg, the centrifuge was driven in
response to the pilot control inputs in such a way that the impressed
linear accelerations varied in the same manner as the linear accelera-
tions computed from the aircraft equations of motion. A detailed
description of the closed-loop centrifuge operation is given in refer-
ence 6. The test setup was arranged so that the total g-field impressed
on the pilot consisted of two separate components; to a specified con-
stant (biased) g-field was added the computed perturbations in normal
and side accelerations which resulted from the vehicle maneuvering
about a given trim condition. The perturbations in side and normal
accelerations were generally not greater than 10.5g. In this experi-
ment, the aircraft equations of motion described five degrees of free-
dom with the vehicle forward velocity assumed to be constant.

Prior to any high-g data runs, the subject pilots were conditioned
to the effects of sustained accelerations and familiarized with the
Piloting tasks and riding the centrifuge. For the most part, the
pilots were not exposed to acceleration levels over 6g during this
familiarization period.

Prior to any centrifuge run, the subject pilots were given a
fairly detailed briefing. The pilots were instructed to perform the
piloting task continuously from the beginning of the run, through the
complete acceleration-profile time history, up to the termination of
the run. The subject pilots were instructed to terminate the run any
time that they felt there was a marked deterioration in their ability
to fly the vehicle. The pilots were also instructed to terminate the
run at any time they felt that a real physiological problem existed,
when physical discomfort reached a level that it precluded retaining
effective control over the vehicle, or when anything of an untoward
nature occurred. Specific medical instructions to the pilots were to
terminate the run whenever there was a marked sudden loss of vision,
whenever there was marked disorientation or vertigo, or if there was a
sudden onset of pain in the chest. The project medical doctor moni-
tored a certain pilot's physiological recordings and terminated the run
at his discretion. The project engineer monitored the tracings of
pilot task performance and terminated the run if the task performance
deteriorated markedly.

A qualitative measure of pilot performance was obtained for these
runs by having the pilot give a numerical rating on the controllability
of the simulated vehicle, using a pilot-opinion-rating schedule similar
to that presented in reference 7. In order to obtain a quantitative
measure of the pilot's performance, a tracking task was utilized.
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The pilot control task consisted of having the pilot fly a simu-
lated entry vehicle and track a randomly driven target. A cathode-ray
tube in the instrument panel was used to display the tracking task.

The centrifuge runs began at the 6g level and, in general, progressed
at 2g increments up to the maximum g level the pilot's physiological or
psychological condition permitted.

DISCUSSION

Figure 3 shows a typical time history of a pilot-performance cen-
trifuge run. As can be seen from the figure, the run was divided into
three major segments. In that segment noted as "preacceleration" the
pilot was required to fly the simulated vehicle and track the randomly
driven target for 1 minute in order to establish a baseline on his
tracking performance. The pilot continued to track the target during
the onset of acceleration, while immersed in the g-field, and during
the postacceleration period which extended 30 seconds after the decline
of the acceleration. For nearly all runs, the rate of onset of accel-
eration was constant at 0.25g per second. The rate of decline of accel-
eration was fairly rapid and followed an exponential curve. It should
be noted that the tolerance time was measured over that interval
wherein the acceleration was within about 10 percent of the desired
value.

A measure of the pilot's ability to track is shown in the second
trace in figure 3. The pilot tracking score is presented on a qualita-
tive scale, since the conclusions to be drawn from the performance data
are of a relative nature.

About the only strong point which comes through from the tracking
trace is the fairly marked deterioration in pilot tracking ability
during and immediately after the onset of acceleration. This was most
marked for the eyeballs-out runs; however, it did show up to a lesser
extent in the eyeballs-in runs. This deterioration in tracking is
apparently due, for the most part, to pilot vertigo, the vertigo sensa-
tions being caused by the angular rotations of the centrifuge gondola
as the centrifuge was brought up to the desired operating speed. In
figure 4, where the effect of g magnitude on pilot-tracking performance
is shown, the pilot-tracking performance is measured during the latter
portion of the run, after these vertigo effects have subsided.

The data in figure 4 have been presented from the viewpoint of
shedding some light on the question of how should the pilot be posi-
tioned in the vehicle. The results obtained from an earlier centrifuge
investigation (ref. 5) are shown in the figure by the crosshatched
regions, and the results obtained from the present investigation are
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shown by the plotted data points. The crosshatched regions cover data
obtained for the EBI, EBO, and EBD accelerations for well-damped and
lightly damped vehicle motions. The well-damped case corresponds to

a fairly easy control task and the lightly damped case corresponds to

a falrly difficult control task. The conclusions drawn from refer-
ence 5 were that, to a first approximation, the pilot tracking score
was independent of the direction of the applied acceleration investi-
gated. The pilot tracking score deteriorated markedly at accelerations
greater tham Lkg for a lightly damped dynamic situation. Finally, it
appeared the the more difficult control task greatly magnifies any defi-
ciencies in the pilot's performance. For the present investigation the
simulated vehicle motions were well damped and the general trend of the
plotted data points should be compared with the upper crosshatched
curve (fig. 4). There is a fairly marked difference in the baseline
tracking score between the two sets of data. This difference in base-
line tracking is attributed primarily to the fact that in the present
study the pilots were required to track the target in pitch and azimuth,

whereas in the original study the pilot was required to track the target
in pitch only.

The general trend of data obtained in the present study would tend
to confirm the results of reference 5. When flying this well-damped
vehicle, there was a moderate drop in tracking performance with
increases in the magnitude of the g-field for the EBO and EBI g-field
directions. At 1lkg EBI, the pilot could momentarily control the vehi-
cle quite effectively; however, his tracking performance was consider-
ably lower than that in the earth's 1g field. The tentative interpre-
tation of the pilot tracking capabilities was that, with the given
vehicle dynamics, the pilot could adequately control the aircraft while
lmmersed in an EBI acceleration field of lhg. Although only a prelim-
inary amount of data has been worked up at this time, it appears that
at least up to the 10g level there is little or no difference in per-
formance between pilots operating in an eyeballs-out or an eyeballs-in
g-field direction.

The second worthwhile point shown in figure 4 is that there was a
marked deterioration in the measured pilot performance for g levels
above 7 for the eyeballs-down g-field direction. At the Tg level, the
subject's ability to see was greatly reduced, and at the 8 and 9g levels,
the subjects were on the verge of unconsciousness. One of the major
objectives of this program was to determine the maximum acceleration
level beyond which the pilot could not do an effective Jjob of manually
controlling the vehicle. The abrupt falling off of pilot performance
when immersed in a 7 to 8g eyeballs-down acceleration-force field is a
good demonstration of this point.

Figure 5 presents the pilot-performance boundaries established by
the Ames investigation. The term "pilot-performance boundaries" is



used since these curves are based on the longest time the subject pilots
could manually fly the vehicle in a given g-field with no marked deteri-
oration in their performance. However, these boundaries essentially
define the longest periods of time a test pilot, preconditioned to the
effects of acceleration and suitably restrained, would voluntarily
endure a given sustained g level and perform any kind of a control task.
The pilot's posture upon which these boundaries are based is shown in
the figure. The normal seated position was used for eyeballs-in and
eyeballs-out runs. For the eyeballs-down runs, the pilot's lower legs
were elevated in order to minimize the pain and reduce the hydrostatic
pressure in the pilot's feet. An anti-g garment was worn by the test
pilot subjects during the eyeballs-down runs.

The pilot can perform longer with the acceleration forces applied
in an eyeballs-in or eyeballs-out direction, as compared with the
eyeballs-down direction, substantiating a well-established conclu~
sion. The limit boundaries would also indicate that for a given
acceleration force the pilot can perform longer in an eyeballs-in
g-field than if the force is applied in an eyeballs-out direction.
From the Ames tests it was documented that the pilot's respiratory
efficiency was higher in the eyeballs-out g-field as compared with
that in the eyeballs-in g-field direction. However, an overriding
point was that the pilot's visual problems were greater for the
eyeballs-out g-field direction. In the eyeballs-out runs, watering
of the pilot's eyes could obscure the pilot's vision to the extent
he could no longer see the disturbed target clearly. The fact that
the eyeballs-out boundary lies below the eyeballs-in boundary seems
to be a direct consequence of this visual problem. These points are
discussed in detail in the following paper by Harald A. Smedal, Terence
A. Rogers, and Thomas D. Duane.

It appears that a pilot could not manually control the vehicle for
any extended period of time at acceleration levels in excess of T to
8g eyeballs down. The cut-off boundary for the eyeballs-out or
eyeballs-in g-field direction was not determined. It appeared from
this investigation that a well-trained pilot could still do a fair job
of tracking the target between the 12 and lhg level for the eyeballs-in
g-field direction. However, from figure 4, it is seen that his tracking
performance at lig was substantially lower than that of his baseline
tracking performance in the earth's 1 g field. Medical opinion was
that it would be inadvisable to expose a pilot to g levels greater than
14 if the given pilot restraint system is used.

In figure 6, the acceleration levels and period of time these
acceleration levels must be sustained during entry into the earth's
atmosphere beginning at parabolic velocities are compared with the
pilot performance limit boundaries. These curves are drawn for initial
entry angles 7y; ranging from -5.6° to -8.8° for a vehicle with
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L/D = 0.5. It should be noted that these curves do not represent a
time history. Perhaps the best way to explain these curves is to give
an example. Given 7y; = —8.10, the vehicle will sustain an accelera-

tion force equal to or greater than 10g for 0.3%5 minute. 1In comparing
these curves with the pilot-performance boundaries, it would appear
that the pilot could, if properly positioned, perform and tolerate the
acceleration levels expected during an atmosphere entry with the ini-
tial entry angle of -8.1°. With an entry angle of -8.8° there may be
some question as to whether the pilot could physically tolerate the
expected acceleration levels. The applicability of these tolerance
boundaries to the case wherein the pilot is in a weightless condition
for an extended period of time immediately prior to encountering a high
sustained acceleration force is, of course, unknown at this time.

In figure 7 data are presented showing the effect of rate of onset
of acceleration on pilot performance. Rate-of-onset values of 0O.lg,
0.25g, 0.75g, and 2g per second were investigated. The acceleration
profiles to which the test pilot subjects were exposed are shown in the
lower left of figure 7. The baseline tracking ebility of the pilot was
measured by having the pilot track the randomly driven target for
1l minute in a 2g force field. This was followed by the onset of the
acceleration force up to an acceleration level of 5 or 8g. Pilot ver-
tigo, caused by the angular motions of the gondola as the centrifuge was
brought up to the desired operating speed, was minimized by initiating
the acceleration ramp from the 2g level. The tracking data were meas-
ured during the interval from the beginning of the ramp to the end of
the ramp. The data presented were gathered for both the eyeballs-out
and eyeballs-in g-field directions.

The trend of the data is quite consistent and shows a fairly rapid
decline in the pilot's ability to track for acceleration onset rates
greater than 0.75g per second. It might be noted that for a vehicle
with L/D = 0.5 the maximum acceleration onset rate encountered during
a 10g entry is approximately 1/2g per second. The extent to which these
data were influenced by pilot vertigo caused by the angular motion of
the centrifuge gondola is unknown. In the opinion of the test pilot
subjects, the vertigo effects on the pilot's ability to track were
nominal for this phase of the investigation.

CONCLUDING REMARK

This paper should be regarded as an interim report on the influ-
ence of accelerations on the pilot's ability to perform, and a consider-
able amount of acceleration research work is still required before an
adequate store of information exists on which to base the Apollo vehi-

cle design.
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EFFECT